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ABSTRACT 

R e s u l t s  a r e  presented  of an  a n a l y s i s  of s l a b  d e l t a  wing p re s su re  and h e a t  
t r a n s f e r  d a t a  with laminar  and t u r b u l e n t  boundary l a y e r s .  The d a t a  were 
obta ined  dur ing  t h e  X-20 (Dyna-Soar) program from a paramet r ic  s e r i e s  
of models t e s t e d  i n  convent iona l  wind t u n n e l s  at Mach numbers of 6, 7, and d .  

Shock t u n n e l  d a t a  at Mach numbers of 6 and 15 and shock tube  d a t a  a t  a Mach 
number of 2.2 a r e  a l s o  presented.  A l l  t e s t s  were i n  a i r .  Free s t ream 
Reynolds numbers based on leading  edge diameter  ranged from 1 x lo4  t o  
6 x lo6.  

Also presented,  a s  an  appendix, is  a  t h e o r e t i c a l  laminar and tu rbu len t  hea t  
t r a n s f e r  p r e d i c t i o n  method based on c o r r e l a t i o n s  of exact  s i m i l a r i t y  
s o l u t i o n s .  
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Hypersonic Heat T rans fe r  Data 

KEY WORDS 

Theoret i c a l  Heat Transfer  
P r e d i c t i o n  Method 

REV L T R  

I J  1 a 7 R R - . l  \01 Rt 'V .  6 / 6 4  



ERRATA 

Page 66 

Page 68 

The ef fec t  of Mach number on zT was determined.. . 



ANALYSIS OF HYPERSONIC PRESSURE AND REAT TRANSFER 

TESTS ON DELTA WINGS WITH LAMINAR ANI) TURBULENT 

BOUNDARY LAYERS 

By A. L. Magel, H. D. Fitzsimmons and L. B. Doyle 

Distribution of this report is provided in the interest 
of information exchange. Responsibility for the contents 
resides in the authors or organization that prepared it. 

Prepared under Contract No. NAS1-4301 
THE BOEINC COWANY 
Seattle, Jiashington 

f o r .  

NATIONIVI AERONAUTICS AND SPACE ADMINISTRATION 



PREFACE 

This is one of t h r e e  f i n a l  r e p o r t s  on a program t o  complete t h e  a n a l y s i s  
of e x i e f i n g  aerothermodynamic t e s t  d a t a  obtained during t h e  X-20 program. 
h e  work has  been accomplished by The Boeing Company under Contract  NA8 1-4301 
w i t h  NASA, Langley Research Center ,  Hampton, Vi rg in ia ,  A. L. Nagel was the  
program manager, H. L. G i l e s  was t h e  p r i n c i p a l  i n v e s t i g a t o r ,  and M. H. Bertram 
was t h e  NASA c o n t r a c t  monitor. F i n a l  r e p o r t s  have been prepared f o r  each of 
t h r e e  t a s k s :  

Task I - Analysis  of Eyperaonlz  Pressure  and Heat Transfer  
T e s t s  on Delta Wings wi th  Laminar and Turbulent 
Boundary Layers. 

Task I1 - Analysis  of Hypersonic Pressure  and Heat Transfer  Tes ts  
on a F l a t  P l a t e  wi th  a F lap  and a Del ta  Wing wi th  a Body, 
Elevons, F l n s ,  and Rudders. 

Task 111 - Analysis  of Pressure  and Eeat Transfer  Tes t s  on Surface 
Roughness Elements w i th  Laminar and Turbulent Boundary 
Layers.  

w s u l t s  of Task I a r e  presented  i n  t h i s  r epo r t .  - 





E m R I m N T A L  TECHNIQUE AND DATA REDUCTION------------------------- 

APPENDIX A - THOMAS - FITZSIMMONS CONDUCTION CORRECTION METHOD---- 
B - LAblINAR AND TURBULENT P ,  pr HEAT TRANSFER METHOD----- 
C - DELTA WING FLOW FIELD.------------------------------- 
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ANALYSIS OF HYPERSONIC PRESSW AND HEAT TRANSFER 

TESTS ON DELTA WINGS WITH LAMINAR AND TURBULENT 

BOUNDARY LAYERS 

By A. L. Nagel, H. D. Fitzsimmons and L. B. Doyle 

SUMMARY 

' ~ e s u l t s  a r e  presented of an ana lys i s  of s l a b  d e l t a  wing pressure  and 
h e a t  t r a n s f e r  da ta  with laminar and turbulent  boundary layers .  The d a t a  
were obtained during the  X-20 {Dyna-Soar) program from a parametric  s e r i e s  
of models t e s t ed  i n  conventional  wind tunnels  a t  Mach numbers of 6 ,  7 ,  and 
8. Shock tunnel  d a t a  a t  Wach numbers of 6 and 15 and shock tube da ta  a t  a  
Mach number of 2.2 a r e  a l s o  presented.  A l l  tests were i n  a i r .  Free stream 
Reynolds numbers based on leading edge diameter ranged from 1 x lo4 t o  
6 x lo6. 

Turbulent leading edge heat ing  da ta  a t  Mach numbers of 6 and 8 with 
wing sweep angles up t o  78 degrees and wing angles of a t t a c k  of up t o  45 
degrees a r e  compared t o  swept cy l inder  theory. Laminar and turbulent  heat  
t r a n s f e r  d a t a  from blunt  and sharp prow d e l t a  wings a t  angles of a t t a c k  t o  
30 degrees a r e  a l s o  presented.  Lower surface  c e n t e r l i n e  heat ing  da ta  a t  
angles  of a t t a c k  up t o  45 degrees a r e  compared t o  two and th ree  dimensional 
t h e o r i e s .  The e f f e c t  of lower su r face  ramp angle and a dual r ad ius  leading 
edge a r e  i l l u s t r a t e d  by pressure and heat ing da ta  comparisons with t h e  blunt  
d e l t a  wing and c y l i n d r i c a l  leading edge data .  

Streamline da ta  taken by a d i r e c t  t r a n s f e r  o i l  flow technique a r e  
presented f o r  both blunt  prow and sharp prow d e l t a  wings a t  angles of 
a t t a c k  up t o  45 degrees. 

Three appendices a r e  included,  containing a method f o r  co r rec t ing  
hea t  t r a n s f e r  da ta  f o r  conduction e f f e c t s ,  a  heat  t r a n s f e r  predic t ion  
method based on cor rec t ions  of exact s i m i l a r i t y  so lu t ions ,  and a method 
of p red ic t ing  wing flow f i e l d s .  



INTRODUCTION 

The i n i t i a t i o n  of t h e  X-20 program i n  November 1959 led t o  an immediate 
and urgent need f o r  aerodynamic heating information, s ince  it was known t h a t  
t h e  high temperatures experienced during re-entry would impose severe con- 
s t r a i n t s  on i ts  performance. There e x i s t e d  not only a lack of d e t a i l e d  
knowledge of the  flow over complex conf igura t ions ,  the re  w e r e  a l s o  conspicuous 
voids i n  d a t a  f o r  s impler  shapes a s  w e l l .  The e f f e c t s  of Mach number, wal l  
temperature, and nose bluntness on turbulent  boundary l ayer  heating r a t e s  
were not w e l l  e s t ab l i shed ,  even f o r  f l a t  p l a t e  flow. Laminar boundary l ayer  
theory was w e l l  e s t ab l i shed  f o r  t h e  s tagnat ion po in t ;  f o r  o the r  loca t ions  
only approximate methods were ava i l ab le .  There was a l s o  a lack of appl icable  
experimental da ta .  Much add i t iona l  information was necessary t o  t h e  success 
of t h e  X-20 program. 

Accordingly, an extens ive  a n a l y t i c  and experimental program was begun. 
It was known t h a t  the  c r i t i c a l  heating condit ions f o r  re-entry were a t  about 
20,000 f p s ,  a ve loc i ty  t h a t  could not be completely simulated i n  e x i s t i n g  
t e s t  f a c i l i t i e s .  A s e r i e s  of parametric t e s t s  were the re fo re  conducted i n  
which t h e  test condi t ions  were sys temat ica l ly  varied.  In order t o  obta in  
t h e  widest poss ib le  range of test condi t ions ,  geometrically s i m i l a r  models 
were t e s t e d  i n  NASA, A i r  Force, and p r i v a t e  f a c i l i t i e s .  

Much of the  d a t a  from t h e  parametric d e l t a  wing s e r i e s  of tests was 
never f u l l y  analyzed. Per t inent  da ta  were analyzed a s  soon a s  s p e c i f i c  X-20 
heat ing problems became known; there  was l i t t l e  time t o  analyze d a t a  obtained 
i n  t h e  parametric s e r i e s .  The NASA has financed t h e i r  ana lys i s  and t h e  pub- 
l i c a t i o n  of the  present  report .  

This work complements o ther  d e l t a  wing inves t iga t ions  (e.g. references 
1 and 2) by providing d a t a  f o r  add i t iona l  flow condit ions and model geometries. 
The bas ic  model was a 73 degree swept d e l t a  wing with c y l i n d r i c a l  leading 
edges having a spher ica l  nose cap. Var ia t ions  about the  bas ic  model included 
sharp-prow conf igura t ions  i n  which t h e  leading edges were extended t o  m e e t  on 
t h e  c e n t e r l i n e  p lane ,  a noncylindrical  leading edge, and two o the r  angles of 
sweep. New information presented includes turbulent  leading edge heating 
d a t a  a t  Mach numbers up t o  8 ,  d i r e c t  comparisons of idea l  and r e a l  gas flow 
about a blunt  d e l t a  wing, and turbulent  d e l t a  wing heating a t  angles of 
a t t a c k  up t o  40 degrees. 

Two o the r  r e p o r t s  i n  t h i s  s e r i e s ,  references 3 and 4 ,  present  the  
r e s u l t s  of flow separa t ion  and surface  roughness t e s t i n g  conducted i n  the  
X-20 program. 



speed of sound 
. . 

boundary l a y e r  th ickness  parameter, 2 + ( 6*/f)) 

s p e c i f i c  hea t  of model sk in  

s p e c i f i c  hea t  a t  constant  pressure 

s p e c i f i c  hea t  a t  constant  volume 

constant  i n  equation (B50) 

sk in  f r i c t i o n  c o e f f i c i e n t  , 'fW/ [ (1/2) ( pu2)] 

sk in  f r i c t i o n  c o e f f i c i e n t  evaluated f o r  reference Reynolds 
number, eq. (B57) 

constant  i n  boundary l ayer  shear law, eq. (B13) 

pressure c o e f f i c i e n t  , (P - P, )/ [ (1/2) ( q u  ,2) ] 
constant  i n  boundary l a g e r  shear law, eq, 0316) 

leading edge diameter; nose diameter 

crossf  low momentum thickness ,  eq, (B7) 

momentum thickness  r a t i o ,  E/Q 

streamline divergence due t o  t ransverse  pressure 
g rad ien t s ,  eq. (B9) 

funct ion of x ,  eq. (B11) 

Prandt l  number func t ion ,  eq, 0322) 

equivalent  d i s t ance  func t ion ,  eq. (B55) 

sca le  f a c t o r  on y ,  eq. (Bl) 

boundary l a y e r  parameter, eq, (B16) 

heat  t r a n s f e r  c o e f f i c i e n t  based on temperature, q/(~ -Tw) ; aw con t ro l  volume height  

heat  t r a n s f e r  c o e f f i c i e n t  based on enthalpy,  b/(i - iw)  aw 



i enthalpy 

energy absorbed i n  dissociat ion 

J streamwise pressure gradient parameter, eqs. (B35) and (B49) 

k thermal conductivity; constant i n  eq. (4) 

K = (l /u (dVn/dsLs) e 
See Table (B1) 

N 
Re ,r 

Nb, ref 

Nst 

N ~ t .  ref 

length 

Lewis number function, eq. ( ~ 2 2 )  and (B28) 

exponent on boundary layer  shear law, eq. (B13) 

Mach number 

Wch number component normal t o  surface,  I, s i n  (alocal 1 

coordinate normal t o  stagnation l i ne  

surface distance normal t o  and measured from geometric 
stagnation l i n e  

normalized r a t e  of change of strea%line angle, eq. (C10) 

Lewis number 

f r e e  stream Reynolds number 

Reynolds number based on boundary layer edge conditions, 
eq. 0320) 

reference Reynolds number, eq (B54) 

N based on model thickness 
Re,r 

Stanton number, h/(  P m U m  C 

p, 
turbulent Stanton number, based on model thickness, f o r  
reference conditions on stagnation l i n e  of a 60' swept 
i n f i n i t e  cylinder 

Nst ,o  
Stanton number f o r  the stagnation point of a hemisphere with 
a diameter equal t o  the de l t a  wing thickness 

P pressure 



a rb i t r a ry  function of X 

2 
heating r a t e ,  (Btu/ft -sec) 

transformed heating r a t e ,  eq. (B11A) 

a rb i t r a ry  function of X 

streamline divergence due t o  body shape, eq, (B9A); 
recovery fac tor  

gas  constant i n  equation of s t a t e ;  radius 

surface distance measured along center l ine;  
Reynolds analogy parameter, eq, (B22) 

skin f r i c t i o n  equivalent dis tance,  eq. (I3181 

surface distance normal t o  and measured from the leading 
edge flow stagnation l i ne  

Reynolds analogy f a c t o r ,  eq, (I3211 

time; boundary layer  t r i p  height from model surface 

temperature 

mean temperature 

average i n i t i a l  tempersture of model (see Appendix A) 

T-F Thorns-Fitzsimmons conduction correction 

veloci ty  component i n  x-direction 

transformed u ,  eq. (B11) 

veloci ty  component i n  y-direction 

transformed v ,  eq, (B11) 

veloci ty  component normal t o  stagnation l i n e  

veloci ty  component i n  z-direction 

w i d t h  

Cartesian coordinates; curvi l inear  coordinates (see Appendix B) 



a loca l  

heat t r ans fe r  equivalent distance,  eq. 0324) 

dis tance from d e l t a  wing apex measured along center l ine;  
transformed x coordinate, eq. (B11) 

d is tance measured normal t o  leading edge 

dis tance measured along center l ine  downstream of boundary 
layer  t r i p  

dis tance from d e l t a  wing apex measured p a r a l l e l  t o  leading 
edge 

distance measured pa ra l l e l  t o  leading edge downstream of 
boundary layer  t r i p  

transformed y coordinate, eq, (B11) 

transformed z coordinate, eq. 0311); compressibility f ac to r ,  
P/ P RT 

angle of a t tack ;  Prandtl number exponent, eq. (3342); thermal 
d i f fu s iv i ty ,  k / p c  

angle between f r e e  stream velocity vector and local  tangent 
plane 

e f fec t ive  angle of a t tack  a t  stagnation l i n e ,  (90°- A ef f 

wing apex angle,  (go0 - A )  ; pressure gradient parameter, 
eq. 0331) 

r a t i o  of spec i f ic  heats ,  c /c 
P v 

boundary layer  parameter, eq. (B31) 

boundary layer  thickness 

boundary layer  displacement thickneas, eq. (B7) 

shock standoff distance,  eq. (4) 

t o t a l  distance between any two streamlines 

increment i n  x 

distance measured from model apex t o  downstream side of 
boundary layer  t r i p  (see f i g s ,  8 and 9) 



increment in y 

ray angle measured from delta wing centerline 

angle from geometric stagnation line ; boundary layer 
momentum thickness, eq. (B7); streamline angle measured 
from delta wing centerline 

angle of shock with respect to free stream velocity vector 

angle measured from geometric stagnation line to true flow 
stagnation line 

temperature difference, T - T w av 

angle measured from true flow stagnation line 

transformed momentum thickness, eq. 

sweep angle 

absolute viscosity 

shock standoff angle 

density 

reference density-viscosity product (see Appendix B) 

partial Prandtl number for translation, rotation, and 
vibration only (see Appendix B) 

boundary layer parameter, eqs. @37) and @38) 

shear stress; model skin thickness 

transformed shear stress, eq. (~11A) 

streamline angle measured from lending edge shoulder; E) (mi- 1) /m 

streamline angle at leading edge, eq. (C3) 

streamline correlation function, eq. (C9) 

angle of yaw 

is proportional to 



Subscripts: 

a solution to eq. (A61 

atm , SL 

aw 

B 

C 

C Y ~  

CL 

D 

e 

eff 

eq 

h 

i 

L 

LE 

m 

m8X 

max h 

n 

N 

0 

atmospheric conditions evaluated at sea level 

adiabatic wall 

blunt 

crossf low 

cylinder 

centerline 

based on diameter 

boundary layer edge 

effective 

equivalent 

heating rate 

incompressib1e;initial 

laminar 

leading edge 

mean; measured 

maximum 

corresponding to point of maximum heating 

normal 

nose 

wind tunnel or plenum total condition; evaluated at stagnation 
reference conditions; See also B45 

evaluated at enthalpy corresponding to Pr p, 



ref 

R 

reference 

radial 

streamwise; static 

evaluated at stagnation conditions 

evaluated at stagnation enthalpy and local pressure 

shoulder 

stagnation line 

turbulent; trip 

viscous 

wall 

evaluated at x 
= X1 

evaluated for M=O, eq. (B51) 

1 evaluated in front of shock 

2 evaluated behind shock 

QO freestream condition 

Superscripts: 

a( aft of boundary layer trip 

7 evaluated for infinite cylinder 



APPARATUS AND TESTS 

Teat F a c i l i t i e s  

The X-20 basic  d e l t a  wing program consisted of e i g h t  tests. Six t e s t s  
were conducted i n  four  conventional wind tunnels ,  one test i n  the  AVCO 4- 
inch shock tube and one series of t e s t s  i n  the  Cornell  Aeronautical Labora- 
t o r i e s  (CAL) 24-inch and 48-inch shock tunnels, A l l  tests were conducted 
i n  a i r .  

The four  conventional wind tunnels  u t i l i z e d  were: 

1. Boeing Hypersonic Wind Tunnel (BHWT) 

2. Boeing Supersonic Wind Tunnel (BSWT) 

3. Arnold Engineering Development Center Wind Tunnel B (AEDc-B) 

4. Jet Propulsion Laboratory 21-Anch Hypersonic Wind Tunnel (JPL) 

These six f a c i l i t i e s  w i l l  be discussed b r i e f l y ,  s t a r t i n g  with conven- 
t i o n a l  wind tunnels ,  6 

Boeing Hypersonic Wind Tunnel.-The Boeing Hypersonic 12-inch Wind Tunnel 
is a blowdown type providing steady flow f o r  periods up t o  two minutes, de- 
pending upon flow conditions. Maximum stagnation pressure and temperature 
u t i l i z e d  were 1400 p s i a  and 1 0 8 5 ~ ~ ~  respectively.  Axisymmetric contoured 
nozzles provided Mach numbers of 6.08 and 7.0 and a f r e e  stream Reynolds 
number t o  19.3 x lo6 per foo t  was obtained. The tunnel has an open t e a t  
s e c t i o n  with an atmospheric d i f fuse r .  Provisions were made t o  i n j e c t  s t i n g  
mounted heat  t r a n s f e r  models i n t o  t h e  core flow from a cooling chamber i n  
less than 0.2 seconds. The cooling chamber, i l l u s t r a t e d  i n  f i g u r e  1, was 
found necessary t o  maintain heat  t r a n s f e r  models in an isothermal condition 
p r i o r  t o  in jec t ion .  The model was in jec ted  only a f t e r  the  flow had s t a b i l i -  
zed. Transient  model temperature measurements f o r  heat  t r a n s f e r  da ta  were 
recorded on multi-channel oecil lographs.  Pressure da ta  were punched d i r e c t l y  
i n t o  IBM cards from a scanning-valve transducer system. 

Boeing Supersonic Wind Tunnel.- The Boeing Supersonic Wind Tunnel pro- 
v ides  various t e s t  condit ions by the  use of f l e x i b l e  nozzle wal ls  adjusted 
by hydraulic jacks,  Mach numbers used were 2.0, 2.5, and 3.0 a t  r e e  stream 

6 Q Reynolds numbers per  foot  of 7.1 x 10 , 8.25 x l o6 ,  and 9.65 x 10 , respect- 
ively.  This f a c i l i t y  is  a l s o  of t h e  blowdown type. Pressure d a t a  were 
punched i n t o  IBM cards  from a scanning-valve transducer system. N o  heat  
t r a n s f e r  t e s t a  were made In t h i s  tunnel. 



Arnold Engineering Development Center ' I ' u M ~ ~  B.- The Mach 8.08 Tunnel B 
a t  Arnold Engineering Development Center is  of the  continuous f low, closed- 
t e s t - s e c t i o n  type, Maxixuum s tagnat ion  pressure  and temperature u t i l i z e d  were 
805 p a i n  and 1 3 5 0 ' ~ ,  respect ive ly .  Free stream Reynolds numbers were varied 
from 0.986 x loG t o  3.43 x lo6 per  foot .  S t ing  mounted heat  t r a n s f e r  models 
were pro tec ted  from t h e  flow by a clamshell-type cooling shoe. To expose the  
model, the  two halves of the  shoe were r e t r a c t e d  t o  opposite s i d e s  of the  
tunnel  wall.  This  r e t r a c t i o n  process was accomplished i n  about 0.5 seconds. 
M e 1  temperature d a t a  were recorded on magnetic tape  from the  output of a 
d i g i t a l  voltmeter  whach scanned each thermocouple 20 times per  second. 
Pressure  d a t a  were s i m i l a r l y  recorded on magnetic tape  from a scanivalve- 
t ransducer  system. Reference 5 may be consulted f o r  f u r t h e r  f a c i l i t y  
inf  ormation. 

Jet Propulsion Laboratory Hypersonic Tunnel. - The 21-inch J e t  Propulsion 
Laboratory Wind 'I'unnel provided coiltinuous flow a t  Mach 8.04 and a f r e e  stream 
Reynolds number of 0,785 x lo6 per  foot .  To ta l  pressure was 280 p s i a  a t  a 
t o t a l  temperature of 1660OR. This tunnel  u t i l i z e d  a cooling shroud t o  pro- 
t e c t  the  s t i n g  mounted model from the  flow. Shroud removal took approximately 
0.25 second. Temperature and pressure da ta  were recorded on magnetic tape 
d i r e c t l y  from d i g i t a l  readout systems. Each thermocouple was scanned 20 
t i m e s  pe r  second. 

AVCO Shock Tube. - The AVCO 4-inch shock tube provided supersonic flow 
a t  Mach 2.2 and a t  t o t a l  en tha lp ies  from 1946 t o  9598 Btu/lb f o r  the  study 
of r e a l  gas  e f f e c t s .  Reynolds numbers were varied from 2 x lo3  t o  13 x lo6 
per  f o o t .  Heat t r a n s f e r  d a t a  i n  the  form of temperature-time h i s t o r i e s  from 
t h i n  and t h i c k  f i l m  gages were photographically recorded from osci l loecopes.  
No pressuTe Snstrtlmentation was used,  although pressure information was 
obtained frorn Yehlieren photography using a Mach l i n e  technique. 

Cornell  Aeronautical Laboratory Shock Tunnel. - The AD642 leading edge 
t e s t s  were conducted In a 48-inch contoured nozzle h2ving a nominal U c h  
number of 15 ,  and a 24-inch contoured nozzle having a nominal Mach number 
of 6. The t o t a l  pressure i n  these  t e s t s  were up t o  700 ps ia  and the  t o t a l  
temperature was up t o  5 , 9 5 0 ' ~ .  Fur ther  f a c i l i t y  d e t a i l s  may be obtained 
from Reference 6. 

Models and Tes ts  

Figure 2 i l l u e t r a t e s  t y p i c a l  s l a b  d e l t a  wing models used i n  these  tests. 
The nomenclature describing model geometry is given i n  f i g u r e  2(a) .  The 
geometric va r j a t iono  included leading edge diameters from 0.332 inch t o  1.5 
inches ,  sweA-p angles of 68,  73, and 78 degrees,  ramp angles of zero  and 4 
degrees,  a n d  model lengths from 3 t o  16 leading edge diameters. Sharp-prow 
models were formed by the  i n t e r s e c t i o n  of the  c y l i n d r i c a l  leading edgesj  
blunt-prow models had spher ica l  nose-caps of t h e  same diameter a s  the  l e a d i ~  - 
edges. The one dual-radius leading edge model had a 0.25 inch upper radius  
and a 0.75 inch  lower radius.  



A l l  of t h e  conventional  wind tunnel  heat  t r a n s f e r  models were e lee t ro -  
formed. In f a b r i c a t i n g  models of t h i s  type ,  a t h i n  s h e l l  of n icke l  i s  
e l e c t r o l y t i c a l l y  deposi ted upon a mandrel. The model s h e l l  is then removed 
and machined t o  uniform sk in  th ickness ,  smoothnesa and contour. This 
technique has the  advantage of providing continuous sk in  f r e e  of j o i n t s  even 
for complex geometries. A minimum of i n t e r n a l  support s t r u c t u r e  was u t i l i z e d .  
A t y p i c a l  model of t h i s  type is  shown i n  f i g u r e  2(b). The shock tube models 
were shaped from s o l i d  g lass .  Both t h i c k  and t h i n  f i l m  heat  t r a n s f e r  gages 
w e r e  used, i n s t a l l e d  d i r e c t l y  upon the  model surface.  

A br ie f  d e s c r i p t i o n  of each test and i t s  associa ted  models appears 
below. Nominal wind tunnel  flow condi t ions  a r e  summarized i n  Table I while 
d e t a i l s  of model geometry a r e  tabula ted  i n  Table I1 and sketched i n  f i g u r e  2. 
In t h e  remainder of t h i s  r epor t  t h e  tests w i l l  be r e fe r red  t o  by t h e i r  
r e spec t ive  Boeing Model numbers, such a s  AD461M-1. 

a 
Test  AD461M-1. - Test AD461M-1 included seven sharp and blunt-prow 

models t e s t e d  i n  the  Boeing Hypersonic Wind Tunnel. As shown i n  t a b l e  11, 
t h e  models t e s t s  covered a range of blunt-prow diameters from 0.332 t o  
1.00 inches and length  t o  diameter r a t i o s  from 4.2 t o  16.2. One blunt-prow 
model had a four  degree ramp angle. Boundary l aye r  t r i p s  were used on a l l  
AD461M-1 'models t o  ob ta in  tu rbu len t  flow. Data a v a i l a b l e  from these  tests 
included heat  t r a n s f e r ,  pressure ,  and o i l  flow pat terns .  

Tes t  ~ ~ 4 6 1 ~ - l . b -  Test AD46lP-1 was conducted i n  the  Boeing Supersonic 
Wind Tunnel t o  provide pressure and streamline d a t a  t o  a id  i n  the  ana lys i s  
of shock tube da ta  from t e s t  AD485M-1. One blunt-prow model having a length 
t o  diameter r a t i o  of 3 .0  waa t e s t e d  a t  angles of a t t a c k  from -15' t o  +45'. 
Pressure measurements and o i l  flow p a t t e r n s  were ava i l ab le  from t h i s  t e s t .  

Data r e p o r t s  a r e  i d e n t i f i e d  by a lphabe t i ca l  supersc r ip t s  and may be 
obtained on loan from The Boeing Company, S e a t t l e ,  Washington: 

a Data Report BHWT Test No. 41, The Inves t iga t ion  of Pressure and Heat 
Transfer  on Various Dyna-Soar Wing Models, Boeing Document D2-7614, 
February 20, 1962. 

b ~ ~ W T  Test  No. 087 , High Speed Teat of the  DS-1 Pro jec t ,  Boeing Docwent 
D2-8009, December 14 ,  1960. 



Tes t  AD462M-1. C ' d  - Test  AD462M-1 provided blunt-prow d e l t a  wing 
p r e s s u r e ,  h e a t  t r a n s f e r ,  and flow f i e l d  d a t a  f o r  both tu rbu len t  ( t r ipped)  
and laminar  boundary l aye r s .  The t e s t  was conducted i n  Arnold Engineering 
Development Center  Tunnel B. Model angle  of a t t a c k  was va r i ed  from -25O t o  
+30°; s i d e s l i p  a n g l e s  were O0 and f 5O. 

Tes t  l i ~ 4 6 5 ~ - l e -  Tes t  AD465M-1 was conducted i n  t he  21-inch hypersonic 
t unne l  a t  t h e  Jet Propuls ion  Laborator ies .  One sharp-prow d e l t a  wing was 
t e s t e d  a t  Mach 8.04. The primary purpose w a s  t o  s tudy the  e f f e c t s  of circum- 
f e r e n t i a l  s l o t s  on leading  edge hea t ing .  Tes t s  were a l s o  made with t h e  s lots  
f i l l e d  t o  o b t a i n  smooth body, sharp-prow d a t a .  The model was t e s t e d  a t  
angles  of a t t a c k  from 0' t o  41.5O, and s i d e s l i p  of 0 ° ,  5 ' ,  and 10'. Only 
laminar h e a t  t r a n s f e r  d a t a  and Schl ie ren  photographs were obtained. 

Tes t  AD477~-l! 'g- Test  A0477M-1 provided h e a t  r ransf  e r  and pressure  
d a t a  on a dua l - r ad ius  lead ing  edge sharp-prow, d e l t a  wing. The t e s t  was 
conducted i n  Arnold Engineering Development Center  Tunnel B a t  angles  of 
a t t a c k  from -5O t o  55' and s l d e s l i p  angles  of *lo0.  One t r i pped  flow run  
a t  Reynolds number 42.8 x lo', based on leading  edge diameter ,  provided some 
t u r b u l e n t  l ead ing  edge da ta .  

Tes t  ~ ~ 8 3 ~ - l b  - Test AD483M-1 included two sharp-prow d e l t a  wings wi th  
sweep angles  of 6 8 O  and 78'. The t e s t  was conducted a t  t he  Boeing Hypersonic 
Wind Tunnel. P re s su re  and hea t  t r a n s f e r  d a t a  f o r  t r i pped  tu rbu len t  boundary 
l a y e r s  were obta ined  a t  0' t o  30' angle of a t t a c k  and s i d e s l i p  angles  of O 0  
and 10'. 

C 
Data Report AEDC - Tunnel B BAC Test  No. 12  Mach 8 Heat Transfer  and 

P res su re  Tes t  on AD462M-1 Dyna-Soar Model, Boeing Document D2-8045, 
June 7 ,  1961. 

d ~ a t a  Report Re-evaluated Heat Transfer  Data from AEDC-B-BAC 012 Test 
of t h e  AD462M-1 Model, Boeing Document D2-8045-1, October 4 ,  196%. 

0 
Data Report J P L  21-82,Heat Transfer  and Pressure  Test  on a S lo t t ed  

Leading Edge Wing Model, Boeing Document D2-80491, June 27, 1962 

' ~ a t a  Report - AEDC-8-BAC Test  No. 19, Flow Survey Probe Test  and O i l  
Flow Study of a Dyna Soar Model. 

g ~ a t a  Report AEDC B-BAC Test 15 M = 8 ,  Heat Transfer  and Pressure  Test  
on AD 477M-1, Uoeing Docuxent D2-8206. 

h ~ a t a  Report B W T  T r e t  No. 044 Testa on Tvo ~D483X-1 Parametric Models 
f o r  t h e  Dynn-Soar Program t o  S t u d y  t h e  E f f e c t  of Sweepback Heat Transfer  
and Pressure  Pi?iributic?. R o e i n g  D s - ~ ~ m e n t  D2-80049, September 1961. 



Test  ~~85116-1. - Test AD485M-1 was' conducted i n  t h e  AVCO 4-inch shock 
tube  t o  provide pressure  and hea t  t r a n s f e r  da ta  i n  a r e a l  gas environment. 
The d a t a  were obtained f o r  both t r ipped  turbulent  and laminar boundary 
l a y e r s  a t  a f rees t ream Mach number of 2.2 f o r  angles of a t t a c k  from 0° t o  
30'. The t h r e e  models app l i cab le  t o  bas ic  d e l t a  wing s t u d i e s  cons is ted  of 
a 73O sweep blunt-prow w i n g ,  o 45' sweep blunt  p l a t e ,  and an unswept b lunt  
p l a t e .  Sketches of t h e  two blunt  p l a t e  models a r e  shown i n  f i g u r e  2(c).  A 
p i c t u r e  of t h e  f o u r t h  model, a sharp  25O wedge, is shown i n  f i g u r e  3 t o  
i l l u s t r a t e  t h e  Mach l i n e  pressure  technique. 

~ ~ 6 4 2 M - l . J  - AD642-1 included a s e r i e s  of bas ic  shapes which were 
t e s t e d  i n  the  Cornell  Aeronautical Laboratory Hypersonic Shock Tunnel. 
These shapes included a sharp nosed hemicylindrical  leading edge t e s t ed  
a t  sweep angles  of 55', 60°, 65', and a hemisphere cyl inder  t e s t ed  a t  
angles  of a t t a c k  of 0° ,  l o 0 ,  20°, and 50'. Sketches of the  two models a r e  
shown i n  f i g u r e  2(d). Heat t r a n s f e r  and pressure measurements were obtained 
i n  laminar flow a t  a Mach number of 15  and i n  turbulent  flow a t  a Mach number 
of 6 over a wide range of Reynolds numbers. A sharp f l a t  p l a t e  w a s  a l s o  
t e s t e d  and reported under Task I1 of t h e  present  cont rac t .  

EXPER IlKENTAL TECHNIQUE AND DATA REDUCTION 

Pressure Data 

Conventional wind tunnels .  - Conventional wind tunnel  pressure measuring 
techniques were used i n  t e s t s  AD461M-1, AD461P-1, AD462M-1, AD465kI-1, 
AD477M-1, and AD483M-1. P iezoe lec t r i c  pres:,ure t ransducers were employed 
throughout. Model pressure  readings were scanned prior t o  recording t o  
ensure s t a b l e  condit ions.  Data were read simultaneously wlth tbe  tunnel  
t o t a l  pressure  and temperature. 

Where both pressure  and heat  t r a n s f e r  da ta  were taken from a s i n g l e  
model, t h e  pressure  t a p s  and thermocouples were i n s t a l l e d  on opposi te  s ides  
of t h e  model t o  avoid heat  s ink  e f f e c t s .  Where pressure t a p s  and thermo- 
couples were both on c e n t e r l i n e ,  they were well spaced f o r  the  aame reason. 
Pressure t a p s  t h a t  were c lose ly  spaced, a s  on the  leading edges, were 
staggered t o  avoid in te r fe rence  e f f e c t s .  

i Data Report,  Dyne Soar Real Gas Tes ts  i n  the  AVCO 4.0 Inch Diameter Shock 
Tube, Boeing Document D2-80304, June 30, 1961. 

J ~ r t u ~ e n t  R c e  e r e r c e  , Rorrqhaess L e a k a g e  and Deflected Surf ace Heat Tranef e r  
arid Preqsure Teat; ~ s r  The Y a e i n g  C i ~ p a n y  Conducted i n  the  CAL 48 Hyper- 
sonic Shock T ~ ~ n n e i ,  being Iboc?lment C2--80910, January 3 ,  1963. 



t hen  exposed t o  the  f low by model i n j e c t i o n  (BHWT) o r  shroud removal (AEW-B 
and JPL) a s  quickly a s  possible.  The exposure time var ied  from 1/10 second 
f o r  model i n j e c t i o n  up t o  1/2 second f o r  ehroud removal. Temperature da ta  
were usua l ly  recorded f o r  5 t o  10 seconds, depending upon t h e  s e v e r i t y  of . 
t h e  heat ing  r a t e .  The n icke l  model sk in  p roper t i e s  were determined from 
data shown i n  f igure  4. Also shown a r e  t h r e e  l e a s t  squares f i t t e d  equations 
t h a t  were used i n  these  t e s t s  f o r  computer da ta  reduction. These equation. 
agree wi th in  1 percent  at temperature@ f o r  which the  heat  t r a n s f e r  d a t a  were 
reduced. The dens i ty  of n icke l  was taken constant  a t  555 lb/f t3.  The term 

e f f  
i n  equation ( I )  i s  the  measured model sk in  th ickness ,  7 , f o r  f l a t  

sur faces :  equal  t o  T ( 1 -  T/D) f o r  c y l i n d r i c a l  su r faces ;  and approximately 
equal  t o  T(1- T , / D ) ~  f o r  s p h e r i c a l  surfaces .  The recovery temperature, Taw, 
w a s  computed approximately from t h e  t r u e  l o c a l  angle  of a t tack ,  a 
with t h e  following equation. loca l J  

T aw - -  2 + (Y - 1) ma sin u ~ ~ ~ ~ ) ~  
rn - r + ( l  - r )  .-. 

The recovery f a c t o r ,  r ,  was taken a s  0.85 f o r  laminar flow and 0.90 
f o r  tu rbu len t  flow. A s  discussed l a t e r ,  t h e  temperature rise r a t e ,  /at  
is required a t  seve ra l  d i f f e r e n t  times during a s i n g l e  t e s t  run. Early 
i n  t h e  X-20 program OTw/ St was evaluated from a l e a s t  squares, second 
degree curve f i t t e d  t o  t h e  f i r s t  11 temperature d a t a  p o i n t s ,  which encompassed 
1 second of r e a l  time. The 3 Tw/ 3 t was then evaluated each 0.1 second 
from the  f i t t e d  curve. Later  i n  the  program, a curve f i t  through each 
separa te  i n t e r v a l  of d a t a  was made f o r  each d i f f e r e n t  time t h a t  a 
va lue  was des i red .  This  technique was used s ince  t h e  best  es t imate  of slope 
using t h e  l e a s t  squares curve f i t  technique i s  obtained at the  midpoint of 
the  i n t e r v a l  of d a t a  over which fhe  curve f i t  is made. /The curve was st i l l  
f i t t e d  t o  1 second of d a t a ;  however, 21 d a t a  po in t s  were now used. 

A l l  t h i n  sk in  ca lor imeter  d a t a  of t h e  present  tests were corrected f o r  
l a t e r a l  conduction by use of the  previously unpublished Thomas-Fitzsimmons 
method (described i n  Appendix A and re fe r red  t o ,  i n  t h i s  r e p o r t ,  a s  the  T-F 
method). The method b a s i c a l l y  cons i s t s  of ext rapola t ing  the  curve of heat 
t r a n s f e r  c o e f f i c i e n t  versus time (or temperature) back t o  an e f f e c t i v e  s t a r t  
of the  t e s t  run. For d a t a  reduction purposes, the  t e s t  run was assumed t o  
s t a r t  a t  the  time the  model entered the  inv i sc id  core of the  tunnel  flow. 

Shock tubs. - Test  AD485M-1 (AVCO Shock Tube) u t i l i ~ e d ~ t h i n  f i l m  heat  
t r a n s f e r  gages f o r  heat ing r a t e s  l e ~ s  than about 880 B t u / f t k - s e c , ,  and th ick  
f i l m  gages Par h i g h e r  hoakirg ra tes .  T%ese gages have the aeceseary rapid 
response time f o r  use i n  shock tubes. Thin f i lm gages cons i s t  of a platinum 
f i l m  r e s i s t a n c e  thermometer VaCUM deposited over a pyrex g l a s s  subs t ra te .  
The su r face  temperature h i s t o r y  of the g l a s s  def ines  t h e  aerodynamic heating 
r a t e  by use of t h e  s o l u t i o n s  of the  heat conduction equation f o r  a semi- 
i n f i n i t e  s l a b  a s  indica ted  I n  the  da ta  r epor t  footnote  i ,  The t h i c k  f i l m  



gage c o n s i s t s  of s platinum res i s t ance  thermometer t h a t  serves  a l s o  as a 
calorimeter .  Data were reduced by an equation s imi la r  t o  equation ( I ) .  
Because of the  shor t  test t imes ,  l a t e r a l  conduction of t h e  type experienced 
i n  th in  ekin ca lar imeters  is  ins ign i f i can t , .  

Shock tunnel.  - Thin f i l m  heat  t r a n s f e r  gages on model AD642 s imi la r  t o  
those  described above were employed i n  t h e  Cornell Aeronautical Laboratory 
shock tunnel.  The semi- inf in i te  s l a b  solut ions  used by CAL a r e  described 
i n  references  8 and 9. 

Visual  Data 

Schlierens o r  shadowgraphs were taken on a l l  tests by standard 
techniques. 

O i l  flow p i c t u r e s  were used t o  determine streamline angles i n  t e s t  
AD461M-1. A mixture of lampblack and No. 60 high temperature o i l  was 
spread over the  model which was then protected from disturbance u n t i l  tunnel  
flow was es tabl ished.  The model was in jec ted  i n t o  t h e  flow and the  o i l  
p a t t e r n  allowed t o  develop f o r  10 t o  15 seconds, a f t e r  which the  model wae 
r e t r a c t e d  and removed. Photographs of the  p a t t e r n s  were made a s  w e l l  a s  
permanent impressions. The impressions were obtained by applying transparent  
adhesive tape  t o  t h e  wing and then applying t h e  tape  t o  vellum paper. This 
impression technique allowed t h e  o i l  flow pa t t e rn  on t h e  curved leading edge 
t o  be layed f l a t ,  f a c i l i t a t i n g  t h e  measurement of s treamline angles and 
s t agna t ion  l i n e  locat ions .  

DATA APPRAISAL 

Pressure Data 
e I 

Conventional wind tunnel  pressure data. - No unusual d i f f i c u l t i e s  arose 
i n  t h e  measurement of pressure  d a t a  i n  conventional wind tunnels  except i n  
t e s t  Al3465M-1. 'l'hese pressure  da ta  exhibited a s i g n i f i c a n t  va r ia t ion  with 
t i m e .  As  sharp-prow d e l t a  w i n g  d a t a  were ava i l ab le  from other  t e s t s ,  AD465M-1. 
pressure  d a t a  have been omitted from t h i s  report .  Pressure da ta  from other  
conventional wind tunnel  t e s t s  exhibited good repea tab i l i ty .  

Shock tube pressure data .  - The Mach l i n e  technique used t o  measure 
AD485M-1 model pressures  i n  the  shock tube worked w e l l  on t h e  lower surface 
cen te r l ine .  However, s treamline inflow o r  outflow occurred a t  locat ions  
away from the  c e n t e r l i n e  causing Mach l i n e s  t o  be photographed a t  f a l s e  
angles. No acceptable c o r r e c t i o n  was found ;  only data  from f i c h  l i n e s  
o r ig ina t ing  on the  c e n t e r l i n e  were used. In order t o  provide an exact 
loca t ion  of each Mach l i n e  o r i g i n ,  center  punch marks .001 inch i n  diameter 
and .001 inch deep were spaced along the plane t o  be measured. Experience 
i n  the  use of t h i s  technique showed t h a t  the t r u e  pressure was obtained by 
measuring the  Mach angle from t h e  l i n e  o r ig ina t ing  from t h e  rea r  of the  
punch mark. A Schlieren p i c t u r e  of the  Mach l i n e s  has been shown i n  f i g u r e  3 



Heat Transfer  Data 

h a t  t r a n s f e r  da ta  a r e  subject  t o  nmeroaas and of ten  large  sources of 
e r r o r ,  which may be e i t h e r  systematic o r  random, Systematic e r r o r s  may 
a r i s e  from conduction, model thermal d i s t o r t i o n ,  o r  gage temperature e f fec t s .  
Random e r r o r s  may a r i s e  from lack  of complete con t ro l  of t e s t  condit ions,  
measurement e r r o r s ,  and human e r r o r .  The importance of heating rate pre- 
d i c t i o n  i n  t h e  design of t h e  X-20 st imulated at tempts t o  improve t h e  q u a l i t y  
of aerodynamic heating d a t a ,  and considerable progress was made during the  
course of t h e  program. Most of t h i s  progress must be a t t r i b u t e d  t o  t h e  
e f f o r t s  of t h e  operators of the  t e s t  f a c i l i t i e s  involved; however, it is  f e l t  
t h a t  t h e  conduction cor rec t ion  method presented i n  Appendix A is  an important 
con t r ibu t ion  a s  well. 

In  t h e  present  s tudy,  c a r e f u l  considerat ion was given t o  sources of 
e r r o r  and s t e p s  were taken t o  prevent ,  minimize o r  cor rec t  f o r  them wherever 
possible.  Due t o  t h e  l a rge  quant i ty  of da ta  i n  the  present  r epor t ,  individual  
a t t e n t i o n  could not be given ta a l l  apparent d a t a  discrepancies.  Data ob- 
v iously  erroneous were omitted whenever noticed. In turbulent  flow, data  
from severa l  d i f f e r e n t ,  but  s i m i l a r ,  models and t e s t s  a r e  presented. Agree- 
ment between such d a t a  is ,  a t  t i m e s ,  only f a i r  and is a t t r i b u t e d  t o  d i f ferences  
i n  t h e  t r i p  s t r i p s  u t i l i z e d  and t o  t r a n s i t i o n a l  flow. The major problems 
encountered and t h e  cor rec t ive  ac t ion  taken a r e  described below. 

Conduction e f f e c t s .  - For the  t h i n  skin  calorimeter  heat  t r a n s f e r  models, 
t h e  major systematic e r r o r  was l a t e r a l  conduction i n  the  model skin. To 
es t imate  t h e  degree t o  which the  present  data  a r e  af fec ted  by conduction 
e r r o r s ,  samples of da ta  uncorrected f o r  conduction and corrected by the  
method of Appendix A have been compared with well es tabl ished laminar 
s tagnat ion point  and s tagnat ion l i n e  theor ies .  Two such c o ~ ~ ~ p a r i s o n s  a re  
given i n  f i g u r e  5 and 6. In these  f i g u r e s  t e s t  da ta  a r e  presented a s  r a t i o s  
t o  the  corresponding t h e o r e t i c a l  Valuea. The nonl inearfpercent i le  abscissa  
i s  graduated such t h a t  . the c l a s s i c  normal d i s t r i b u t i o n  of random e r r o r s  p l o t s  
a s  a  s t r a i g h t  l ine .  On such a p l o t ,  the  l i n e a r i t y  of da ta  is  a measure of 
the  randomness of e r r o r s ,  while the  slope i s  a measure of t h e  data  s c a t t e r .  
The value of the  da ta  a t  t h e  50th pe rcen t i l e  i s  a measure of systematic e r ro r .  
Figure 5 presents  measurements of s tagnat ion point* heat  t r a n s f e r  t o  the 
spher ica l  nose. The model was electroformed n icke l ,  t e s t e d  a t  Arnold 
Engineering Development Center Tunnel B and otherwise s imi la r  t o  present  d e l t a  
wings. The da ta  indicated b y  open symbols were reduced 0.87 seconds a f t e r  
t e s t  s t a r t  ( e a r l i e s t  ava i l ab le  da ta )  and a r e  not conduction corrected.  When 
compared t o  theory, discrepancies as  large  as  -40 percent a r e  i n  evidence. 
The mean e r r o r  a t  the 5 0 t h  pe rcen t i l e  i s  -10 percent .  m e  same data  when 
corrected by  t h e  zfielhod u a ~ d  r n  t h i s  I nves t iga t ion  have a mean e r r o r  of 

*These da ta  were taken a t  various angles of a t t a c k  and a few points  
a r e  a s  much as  20° removed from the  stagnation point.  A l l  da ta  were cor- 
rec ted  t o  s tagnat ion point ;  with t h e  PI.fgbr t h @ o r e t f c a l  d i s t r i b u t i o n .  
The maximum correct ion wae 8 percent ,  



only  -3.5 percent  and a maximum e r r o r  of -7.5 percent .  Figure 6 is a s imi la r  
p resen ta t ion  of d e l t a  wing leading edge etagnation l i n e  da ta  from the  present  
inves t iga t ion .  Again, the  mean of the  corrected d a t a  is wi th in  3 percent of 
the t h e o r e t i c a l  value. 

Other sys temat ic  errors .-  Other eystematic e r r o r s  i n  heat ing  da ta  have 
been considered. The heat  s i n k  e f f e c t  of #30 gage thermocouple wire has  
been est imated t o  con t r ibu te  l e e s  than 1 percent e r ro r .  E r ro r s  due t o  
r a d i a t i o n  a r e  s i m i l a r l y  considered negl ig ib le .  Model sk in  thickness wae 
c a r e f u l l y  con t ro l l ed  i n  manufacture and l o c a l l y  measured t o  0.0005 inch,  
or approximately 1 percent .  The s p e c i f i c  heat  of the  n ickel  s k i n  perhaps 
accounts f o r  the  second l a r g e s t  systematic e r r o r ,  but is known t o  about 3 
pe rcen t ,  baaed on the  d a t a  of f  igu re  4. 

Another measure of heat  t r a n s f e r  da ta  q u a l i t y  i s  the  r e p e a t a b i l i t y  of 
d a t a  from run t o  run. Repeatabi l i ty  is  a check upon the  degree t o  which 
tunne l  flow condi t ions ,  instrumentat ion,  da ta  reduction,  conduction and 
o t h e r  c o r r e c t i o n s  a r e  cons i s t en t  and predic table .  A s t a t i e t i c a l  p l o t  is 
ehown i n  f i g u r e  7 of samples of d e l t a  wing laminar and turbulent  leading 
edge heat ing  d a t a  from repeat  runs f o r  tests AD461M-1, AD462M-1, and AD477M-1. 
The o rd ina te  is t h e  d i f fe rence  of the  measured heat ing r a t e  i n  the  repeat  
d a t a  run from t h e  measured heat ing  r a t e  from the  repeated,  o r  f i r s t  run. 
For  t h e  laminar d a t a  a t  the  50th p e r c e n t i l e ,  the  d a t a  from t h e  repeat  run 
seem t o  be biased p o s i t i v e l y ,  but only by about 2 percent.  The standard 
dev ia t ion  of t h e  laminar r e p e a t a b i l i t y ,  based upon the  f a i r e d  normal d i s t r i -  
but ion  l i n e ,  is 2.6 percent about the  mean. The turbulent  leading edge 
r e p e a t a b i l i t y  i s  not biased and e x h i b i t s  a  standard devia t ion  of 6.5 percent.  
The higher s tandard devia t ion  of the  turbulent  da ta  r e p e a t a b i l i t y  l a  a t t r i b u -  
t e d  t o  t r i p  s t r i p  e f f e c t s ,  and t o  the  use of osci l lograph temperature 
recorders  a s  opposed t o  the  d i g i t a l  system used f o r  the  laminar data.  Over- 
a l l  r e p e a t a b i l i t y  is considered good. 

I f i  

Boundary l aye r  t r ipp ing  devices.  - Boundary l aye r  t r ipp ing  devices were 
used t o  ob ta in  turbulent  flow on some of the  d e l t a  w i n g  models. For a l l  
but  t h e  AD462M-1 model t h e  t r i p s  were made of sand glued t o  t h e  surface.  
For t h e  AD462M-1 model a  glove of wire screen was f i t t e d  over the  blunt 
model prow. The screen was ,015 inch diameter wire with a mesh s i z e  of 
.04 inches and covered the  whole prow a f t  f o r  1.25 inches on the  ins t ru -  
mented su r face  a s  indica ted  i n  f i g u r e  54. 

The poss ib le  adverse e f f e c t s  of t r i p s  on heat ing measurements was 
r e a l i z e d  a t  the  time the  t e s t s  were run. Every e f f o r t  was made t o  minimize 
poss ib le  adverse e f f e c t s  by -king the  trips as s~all as p c s s b b l e ,  Korever,  
i t  was found t h a t  t r ipp ing  was poss ib le  o n l y  with r e l a t i v c l g  Large t r i p s ,  
The data  were examined f o r  t r i p  e f fec ts  with t he  a i d  of plot6 such a s  
f i g u r e s  8 and 9. Only da ta  believed t o  be f r e e  of t r i p  e f f e c t s  a r e  presented. 

CAL Gage Cal ibra t ion .  - The CAL heat t r a n s f e r  d a t a  a r e  obtained with 
a gage t h a t  cona ia t s  of a  t h i n  f i l m  of platinum fused t o  a  g l a s s  subs t ra t e .  
The platinum f i l m  i s  used a s  a  resistance thermometer t o  measure the  increase 



in substrate surface temperature during the test. The heating rate can be 
determined iron the temperature increase if the density, specific heat, and 
thenaal conductivity of the substrate are known. The quantity actually re- 
quired is the square root of their product ( p c k )  which is determined from 
a calibration procedure in which a atep pulse alectricr current is passed 
through the platinum film. The small amount of resistance heating causes 
a slight temperature increase and allows~pckto be determined at the 
initial gage temperature. The variation of dPckwith temperature is obtained 
by preheating the gage In an electric oven and repeating the electric pulse 
heating calibration. 

Some time after the AD642 tests were completed, CAL made new measure- 
ments ofdpckthat lead to a considerably different variation with temperature 
than previously indicated. It was not feasible to rereduce the data at the 
time this report was written. It was determined, however, that the laminar 
data shown would be lowered by 0 to 6 percent on the basis of the new calibra- 
tion. The highest heating rate data (obtained on the leading edge model in 
turbulent flow) would be reduced by up to about 30 percent. 

After examining the effects of the "new" calibration would have on the 
data, particularly such trends as heating rate versus time during the test 
run, the authors feel that some uncertainty in calibration remains. A test 
will be made in 1966 as a part of an Air Force research contract that is 
expected to provide additional information. 

The data are presented as originally reduced. 

RESULTS AND DISCUSSION 

Cylindrical Leading Edge 

0 / 

Pressure data at low angles of attack.- Leading edge preasure data for 
73 degree ewept delta wings at angles of attack u p  to 15 degrees are shown 
in figures 10 and 11. Figure 10 shows the downstream variations of leading 
edge preesures; figure 11 presents the circumferential distribution. For 
nonzero angles of attack, the leading edge stagnation line location (shift) 
was calculated by the relationship 

sin cu 
tan 'SL, C Y ~  = cos a cos A + tan jr sin A 

The axio: rr-;sr3ire r i ; q  trii>ia&lfi.i? nreseuted in figure 10 are seen to differ 
8igniflcdsLij ,r>a e n , l n 4 t e  c:l--dcr theory  (normal component stagnation 
pressure) for at least G leading edge diameters. 

The blunt-prow pressure data of figure 10 show a characteristic over- 
expansion from the spherical nose shoulder followed by a return to values 



higher  than i n f i n i t e  cy l inder  theory.  A t  10 degrees angle of a t t a c k  the  
pressure  appears s t a b i l i z e d  a f t e r  about 6 diameters ,  but  a t  zero  degrees 
angle of a t t a c k  t h e  pressure is  not s t a b i l i z e d  a t  l e s s  than 9 diameters on 
t h e  s t agna t ion  l i n e  and is  s t i l l  r i s i n g  a t  30 degrees from the  s tagnat ion  
l i n e .  Note a l s o  t h a t  the  minimum pressure  point  moves forward with increas-  
ing  l o c a l  angle  of a t t ack .  This e f f e c t  is  s i m i l a r  t o  t h a t  observed on the  
lower su r face  and w i l l  be discussed more f u l l y  under Delta Wings. 

No completely corresponding sharp-prow da ta  a r e  ava i l ab le .  However, 
d a t a  from the  sharp-prow dual-radius model a t  an angle of a t t a c k  of 10 
degrees* show t h a t  the  s tagnat ion  l i n e  pressure  decreases with d i s t ance  
a f t ,  asymptot ica l ly  approaching a  cons tant  value.  I t  is  not c l e a r  whether 
t h e  f i n a l  value w i l l  agree with t h e  i n f i n i t e  cyl inder  p red ic t ions  o r  is 
approaching some s l i g h t l y  higher value.  However, the  observed trend is i n  
agreement wi th  t h e  " f i n i t e  length  cy l inder  theory" curve,  which does approach 
t h e  cy l inder  va lue  a s  a  l i m i t .  It i s  assumed i n  t h i s  f i n i t e  length cy l inder  
theory t h a t  the  leading edge shock angle decreases exponential ly from a  wedge 
shock a t  t h e  apex t o  a p a r a l l e l  shock i n f i n i t e l y  f a r  a f t  o r  i n  terms of shock 
standoff  d i s t a n c e ,  6 ' ,  a s  

where 6r is t h e  i n f i n i t e  cy l inder  shock standoff d is tance .  (Both 61 
and 6 rcyfyl  a r e  measured normal t o  the  cy l inder  ax i s ) .  The constant  kg is  
determined from the  i n i t i a l  shock ang le ,  which i s  given by oblique shock 
theory. There r e s u l t s  

where [ is  t h e  angle between the  shock and tqe  surface  a s  predicted by 
oblique shock theory ,  ands X' is t h e  disxance along the  cyl inder  s tagnat ion  

e 

l i n e .  The pressures  a r e  assumed t o  v a r y  s i m i l a r l y :  

*The use of d a t a  from the  dua l - r ad ius  leading edge model (~D477M-1) i n  
t h i s  and o the r  comparisons i s  l i m i t e d  t o  a n g l e s  of a t t a c k  of 10 degrees o r  
above, and a t  loca t ions  away ~ r o m  the  geometric s tagnat ion  l i n e .  I t  is  
bel ieved t h a t  t h i s  allows a  v a l i d  comparison t o  c y l i n d r i c a l  leading edge 
da ta .  



where P' is t h e  s t agna t ion  l i n e  p ressure  and Pf is  t h e  oblique shock 
theory  predic t ion .  

wedge 

Circumferential  d i s t r i b u t i o n s  a t  low angles of a t t a c k  are presented i n  
f i g u r e  11. Since s t agna t ion  l i n e  va lues  a r e  d i f f e r e n t  than cyl inder  theory 
near  the  wing apex, only d a t a  w e l l  downstream a r e  shown. Data a r e  normalized 
wi th  respect  t o  i n f i n i t e  cy l inder  theory ,  and compared t o  i n f i n i t e  cy l inder  
p red ic t ions  by t h r e e  methods: Newtonian theory,  an empir ica l  method by 
Gregorek and Korkan ( re f .  15) and an empir ica l  method developed during t h e  
X-20 program. The l a t t e r  method is e s s e n t i a l l y  i d e n t i c a l  t o  t h a t  of Bertram 
and Everhart ( r e f .  1). As shown, a l l  d a t a  from t h e  present  program tend t o  
be h igher  than t h e  predic ted  d i s t r i b u t i o n s ;  a s  much a s  100 percent  higher a t  
t h e  leading edge shoulder. However, t h e  t rend is cons i s t en t  with o the r  l o w  
Reynolds number da ta .  

The cy l inder  formula, equation (3), p r e d i c t s  a s t agna t ion  l i n e  s h i f t  of 
42.5 degrees a t  an angle  of a t t a c k  of 15  degrees f o r  a 73 degree swept wing. 
Since t h e  sonic  l i n e  ( i n  the  crossflow plane) is  approximately 50 degrees 
from t h e  s t agna t ion  l i n e ,  i t  might be expected t h a t  a t  low angles of a t t a c k  
t h e  lower su r face  would have l i t t l e  e f f e c t  on pressures  i n  t h e  subsonic 
port ions.  This is borne out  by the  d a t a ;  it w i l l  be seen i n  f i g u r e  11 t h a t  
s i g n i f i c a n t  depar tures  from t h e  p red ic ted  values  occur only f o r  8 > 40 degrees. 

Pressure and s t reamline  d a t a  a t  high angles of a t tack . -  Cyl indr ica l  
leading edge pressure d i s t r i b u t i o n  d a t a  f o r  both sharp and blunt-prow models 
a t  angles of a t t a c k  between 15  and 40 degrees a r e  shown i n  f i g u r e  12. Again, 
d i s t r i b u t i o n  da ta  a r e  normalized by i n f i n i t e  cyl inder  t h e o r e t i c a l  values. 
Dual-radius model d a t a  (~D477M-1) have again been used only where c y l i n d r i c a l  
leading edge behavior is expected. Considerably more s c a t t e r  is apparent i n  
f i g u r e  12 than i n  f i g u r e  11, which is  believed t o  be a t  l e a s t  p a r t l y  due t o  
lower su r face  e f f e c t s .  

An examination of o i l  flow and pressure  da ta  has shown t h a t  one of the  
e f f e c t s  of the  lower surface  is t o  cause an add i t iona l  s tagnat ion  l i n e  s h i f t  
over and above t h a t  predic ted  by equation (3). The observed s tagnat ion  l i n e  
s h i f t  i s  shown i n  f i g u r e  13, and 1; compared t o  t h e  inf i k i t e  cyl inder  theory 
of equation (3). I t  i s  seen t h a t  the  s tagnat ion  l i n e  fol lows the  i n f i n i t e  
cyl inder  p red ic t ion  only up t o  about 15 degrees angle of a t t ack .  A t  higher 
angles ,  i t  moves much more rap id ly  than the  i n f i n i t e  cy l inder  theory pre- 
d i c t s ,  and moves onto t h e  lower surface  a t  about 40 degrees angle of a t t ack .  

Also shown i n  f i g u r e  13 a r e  some d a t a  by Zakkay and F ie lds  ( r e f .  16) 
obtained a t  a Mach number of 6 on an unswept two-dimensional wedge with a 
c y l i n d r i c a l  leading edge. These d a t a  were made comparable by considering 
t h e  Mach 6 free stream flow as the normal component t o  t h e  leading edge of 
a 73' swept d e l t a  wing a t  angle of a t t ack .  The agreement of Zakkay's da ta  
with the  d e l t a  wing d a t a  i m p l i e s  t h a t  t h e  d e l t a  win; ioTver sir-face e f f e c t  
upon s tagnat ion  l i n e  s h i f t  ! s  tsssntlaiiy Lao-d,mensional. AS w i l l  be shown 
l a t e r ,  t he re  is  a three-dimensional e f f e c t  near the  nose of t h e  model, 
indica ted  by a v a r i a t i o n  i n  s t agna t ion  l i n e  loca t ion  with d i s t ance  from the  



apex. The d a t a  of f i g u r e  13 a r e  a l l  f o r  the  downstream region where no such 
v a r i a t i o n  was measured. Examples of the  leading edge o i l  flow s t reamline  
d a t a  used t o  determine s t agna t ion  l i n e  s h i f t  a r e  shown i n  f i g u r e  14. The 
f a i r e d  curve of f i g u r e  13 is used i n  o the r  p a r t s  of t h i s  r epor t .  For example, 
t h e  d a t a  of f i g u r e  12 a r e  r ep lo t t ed  i n  f i g u r e  15  agains t  d i s t ance  from the  
observed s t agna t ion  l i n e .  Although d i f f e r e n c e s  i n  loca t ion  of a s  much a s  
15  degrees a r e  involved,  the re  is not a  l a rge  e f f e c t  on the  agreement of 
t h e  present  pressure  d a t a  with previous p red ic t ion  methods, and considerable  
s c a t t e r  is  s t i l l  evident .  

Laminar heat  t r a n s f e r  a t  low angles of a t tack . -  Laminar leading edge 
heat  t r a n s f e r  d a t a  f o r  b lunt  and sharp-prow d e l t a  wings a t  angles of a t t a c k  
up t o  15 degrees a r e  presented i n  f i g u r e s  16 through 18. A s  with the  pressure 
d a t a  already presented ,  experimental va lues  a r e  normalized by swept i n f i n i t e  
cy l inder  theory ,  i n  t h i s  case the  laminar p r p r  method described i n  Appendix 
B. Stagnation l i n e  d a t a  a r e  presented i n  f i g u r e  16 a s  a  funct ion  of t h e  
e f f e c t i v e  sweep angle ,  which f o r  zero  angle of a t t a c k  is j u s t  the  wing 
sweep angle. For d e l t a  wings a t  angles of a t t a c k  the  e f f e c t i v e  sweep angle 
is given by 

sin Aeff = cos (I cos a sin A - sin (I cos A ( 6 )  

Agreement wi th  the  theory is  genera l ly  exce l l en t .  The AD462M-1 blunt  nose 
d a t a  a r e  examined f a r  a f t  where bluntness e f f e c t s  a r e  expected t o  be small.  
The AD477M-1 dual-radius leading edge d a t a  (average of 21 po in t s )  a r e  pre- 
sented only f o r  an angle of a t t a c k  of 10 degrees,  where no appreciable 
dual-radius e f f e c t  is expected (see the  l a t e r  d iscuss ion of the  Dual-Radius 
Leading Edge). For these  condi t ions  and geometries ,  good agreement wi th  the  
theory  i s  t o  be expected. 

The downstream ex ten t  of b lunt  and sharp-prow e f f e c t s  upon cy l inder  
s t agna t ion  region heat  t r a n s f e r  a r e  shown i n  f i g u r e  17. The AD477M-1 gages 
were located a t  t h e  t r u e  s tagnat ion  l i n e  which was 30 degrees away from the  
geometric s t agna t ion  l i n e . ,  A l l  AD462M-1 da ta  wer? wi th in  22 degrees of t h e  
s t agna t ion  l i n e .  Two zero-degree angle of a t t a c k  repeat  runs a r e  shown f o r  
t h i s  blunt-prow model. Blunt-prow model da ta  a l l  e x h i b i t  a  minimum i n  the  
heat ing  r a t e ,  a t  approximately 2.5 diameters a f t ,  which i s  35 percent  below 
i n f i n i t e  cy l inder  theory. The loca t ion  of the  minimum heating point  i s  
nea r ly  independent of angle of a t t a c k ,  which c o n t r a s t s  with t h e  movement 
of t h e  minimum pressure  point  shown i n  f i g u r e  10. The reduced heat ing 
l e v e l  due t o  b luntness  extends about 8 and 6 diameters a f t  a t  zero and 10 
degrees angle of a t t a c k ,  respect ive ly .  The v a r i a t i o n  of the  ex ten t  of the  
blunt-prow e f f e c t  with angle of a t t a c k  is  cons i s t en t  with t h a t  shown by the  
pressure  da ta .  A t  X1/D = 1.9 ,  the  blunt-prow da ta  a r e  cons is tent  with hemi- 
sphere theory a t  t h e  shoulder of the  spher i ca l  nose,  a s  indicated on t h i s  
f i g u r e  . 

The sharp-prow da ta  of f i g u r e  17 e x h i b i t  a  gradual  decrease i n  l e v e l  
with d i s t ance  a f t .  This sharp-prow c h a r a c t e r i s t i c  i s  exhibi ted a l s o  i n  the  



pressure  da ta .  The sudden inc rease  i n  heat ing  8 diameters a f t  may be due 
t o  f low t r a n s i t i o n ,  s ince  t h e  lower su r face  d a t a  a t  t h i s  condi t ion  a r e  
t r a n s i t i o n a l .  Nevertheless,  t h e  o v e r a l l  agreement with p,pr i n f i n i t e  
cy l inder  theory is exce l l en t .  

The d i s t r i b u t i o n  of laminar heat ing  around blunt  and sharp-prow d e l t a  
wing cylincirfcal  leading edges i s  shown i n  f i g u r e  18, a l s o  compared t o  p , P r  
i n f i n i t e  cy l inder  theory.  The theory has been ca lcu la ted  using t h e  X-20 
empir ica l  cy l inder  pressure  d i s t r i b u t i o n  of f i g u r e  11. The negat ive  angle 
of a t t a c k  AD462M-1 d a t a  a r e  h ighly  cons i s t en t  up t o  107 degrees from the  
flow s tagna t ion  l i n e ,  The maxinum angle of a t t a c k  has been l imi ted  t o  15 
degrees t o  minimize lower su r face  e f f e c t s .  The most s i g n i f i c a n t  e f f e c t  
shown i n  f i g u r e  18 i s  t h e  rapid  depar ture  of the  blunt-prow d a t a  from 
cy l inder  theory with inc reas ing  angle from the  s t agna t ion  l i n e .  The d a t a  
a r e  approximately 150% higher  than i n f i n i t e  cyl inder  theory a t  an angle of 
90 degrees. These d a t a  were c l o s e l y  examined because of t h i s  unexpected 
r e s u l t ,  but t h e  f u r t h e r  s tudy confirmed t h e  t rend.  A s  wi th  t h e  pressure  
d a t a  previous ly  d iscussed,  l i t t l e  inf luence  of the  lower surface  i s  expected 
a t  angles  of a t t a c k  of 15  degrees o r  less. I t  w i l l  be r e c a l l e d ,  however, 
t h a t  t h e  pressure  d a t a  do  show a s i m i l a r  t rend.  Since t h e  e f f e c t  is much 
more pronounced i n  t h e  blunt-prow model d a t a ,  the  conclusion has been 
reached t h a t  these  da ta  e x h i b i t  .a prow bluntness e f f e c t  away from the  
s t agna t ion  l i n e  which inc reases ,  r a t h e r  than decreases ,  t h e  heat ing  l eve l .  
This  is  f u r t h e r  confirmed by the  f a c t  t h a t  the  heat ing r a t e s  from the  
shoulder  instruments a r e  h igher  f o r  the  blunt-prow than t h e  sharp-prow 
model. 

Lower surface  e f f e c t s  on laminar heat  t r ans fe r . -  Wing lower surface  
e f f e c t s  on c y l i n d r i c a l  leading edge heat  t r a n s f e r  f o r  angles of a t t a c k  up 
t o  45 degrees a r e  i l l u s t r a t e d  i n  f i g u r e s  19 ,  20, and 21. A l l  X-20 d a t a  
a r e  f o r  73 degree swept wings a t  a  Mach number of 8. 

Figure 19 p resen t s  leading edge heat  t r a n s f e r  d i s t r i b u t i o n s  normalized 
with respect  t o  the  t h e o r e t i c a l  s t agna t ion  l i n e  value. Two t r ends  a r e  
apparent i n  f i g u r e  19; t h e  po in t  of m a x i m u m  heat ing  moves l e s s  r ap id ly  with 
angle of a t t a c k  than does the  flowb s tagnat ion  l i n e ,  and i h e  maximum heat ing  
r a t e  decreases with r e spec t  t o  t h e  t h e o r e t i c a l  predic t ion  f o r  a cyl inder .  

The movement of the  point  of maximum heat  t r a n s f e r  with respect  t o  the  
flow s tagna t ion  l i n e  is  a t t r i b u t e d  t o  a  reduction i n  v e l o c i t y  gradient  a t  
the  s t agna t ion  l i n e ,  such t h a t  t h e  maximum v e l o c i t y  gradient  occurs a t  a 
more leeward locat ion .  Since t h e  heat ing r a t e  depends on both t h e  pressure 
and t h e  v e l o c i t y  g r a d i e n t ,  t h e  point  of maximum heat ing  i s  s h i f t e d  i n  the  
same d i r e c t i o n .  The reduct ion  of t h e  ve loc i ty  gradient  a t  the  s tagnat ion  
l i n e  is  a t t r i b u t e d  t o  the  change i n  s tagnat ion  l i n e  pressure r e l a t i v e  t o  
t h a t  on the  lower surface .  The e f f e c t  does not occur when the  sonic point  
I s  on the  leading edge, of course.  With increasing angle of a t t a c k  the  
d i f fe rence  i n  pressure betveen the  s tagnat ion  l i n e  and the  lower surface  
decreases.  The r e s u l t i n g  decrease i n  pressure gradient  a l s o  decreases t h e  



v e l o c i t y  g rad ien t .  This decrease would occur only on t h e  windward s i d e ,  
t h e r e  being no s i m i l a r  e f f e c t  on the  upper surface .  Since t h e  point  of 
maximum heat ing occurs a t  a  loca t ion  where the  pressure i s  somewhat less 
than t h e  s t agna t ion  l i n e  va lue ,  t h e  reduction i n  heating r a t e  is  not 
surpr is ing.  As wi th  t h e  s tagnat ion l i n e  s h i f t  r e s u l t s ,  discussed previously, 
t h e  reduct ion i n  s t agna t ion  l i n e  ve loc i ty  gradient  is consis tent  with t h a t  
exhibi ted  by the  unswept model d a t a  of reference  16. Close examination of 
t h e  reference  16 d a t a  a l s o  shows t h a t  t h e  loca t ion  of the  l o c a l  maximum 
v e l o c i t y  gradient  is not on the  s tagnat ion l i n e .  Although heat t r a n s f e r  
measurements were not presented,  an es t imate  of the  loca t ion  of t h e  point  
of m a x i m u m  heating can be made by observing the  point  a t  which t h e  product 
P(au/i)s) was a maximum. This es t imate  i s  compared with t h e  present  d e l t a  
wing d a t a  i n  f i g u r e  20, where t h e  angle between t h e  flow s tagnat ion l i n e  and 
t h e  l i n e  of maximum heating i s  p lo t t ed  versus wing a@le of a t tack.  The 
d a t a  of reference  16 a r e  adjusted t o  equivalent  d e l t a  wing angles of a t t a c k  
such t h a t  t h e  quant i ty  (BSL cyl - 8 ) is matched. As shown, the  loca t ion  

SH 
of t h e  l i n e  of maximum heat ing r e l a t i v e  t o  t h e  flow s tagnat ion l i n e  is 
cons i s t en t  between t h e  two s e t s  of d a t a ,  even though the  d a t a  of reference 
16 a r e  f o r  a  constant  normal Mach number of 6 while t h a t  of the  d e l t a  wing 
d a t a  var ied  from 3 t o  6. This agreement implies t h a t  t h e  maximum heating 
s h i f t ,  r e l a t i v e  t o  t h e  s tagnat ion l i n e ,  i s  e s s e n t i a l l y  two-dimensional. 

Referring t o  t h e  theory l i n e s  shown i n  f i g u r e  19, it w i l l  be noted tha t  
t h e  maximum heating r a t e  is  predicted by 

- 
where Nst (emax h) is  t h e  i n f i n i t e  cyl inder  theory evaluated a t  

which i s  taken from f i g u r e  20. The d i s t r i b u t i o n  of heating about the point 
of maximum heat ing is seen t o  be e s s e n t i a l l y  unchanged from the  i n f i n i t e  
cyl inder  d i s t r i b u t i o n .  The heating r a t e  d i s t r i b u t i o n  can therefore  be 
ca lcu la ted  from 

) i s  based on d i s t ance  from the  point  of provided t h a t  (NSt/NSt, cyl 
maximum heating.  This method has been found t o  p red ic t  the  observed t rends  
i n  both laminar and turbulent  flow when €ls~ i s  taken from f igure  13 and Lx 
is taken from f i g u r e  20. One such comparison is shown i n  f i g u r e  21 which 
p resen t s  maximum leading edge heating r a t e  t o  a blunt and sharp d e l t a  wings 
a s  a function of angle of a t t ack .  

Turbulent heat  t r a n s f e r  a t  low angles of at tack.-  Turbulent heat t r ans fe r  
d a t a  on a d e l t a  w i n g  c y l i n d r i c a l  leading edge a t  angles of a t t ack  up t o  15 
degrees a r e  presented i n  f i g u r e s  22 and 23. Figure 22 presents  s tagnat ion 
l i n e  d a t a  f o r  e f f e c t i v e  sweep angles up t o  78 degrees;  turbulent  



c i rcumferen t i a l  d i s t r i b u t i o n  d a t a  a r e  shown i n  f i g u r e  23 f o r  wing sweep 
ang les  of 68, 73 and 78 degrees. Turbulent leading edge flow could be 
obtained only by the  use  of boundary l aye r  t r i p s ,  and d ive r se  downstream 
e f f e c t s  of these  devices  w e r e  observed a s  discussed and i l l u s t r a t e d  under 
Data Appraisal.  Consequently, only d a t a  a t  d i s t ances  g r e a t e r  than 3 
diameters  a f t  of t h e  t r i p  s t r i p  w e r e  used. 

Turbulent s t agna t ion  l i n e  d a t a  a r e  compared i n  f i g u r e  22 t o  pr pr 
i n f i n i t e  cy l inder  theory. Some t r i p  e f f e c t  is  p resen t ,  but t h e  o v e r a l l  
r e p e a t a b i l i t y  is acceptable.  Del ta  wing d a t a  from t h e  present  program 
a r e  indica ted .  The AD485M-1 shock tube d a t a  a t  45 degrees sweep e x h i b i t  
g r e a t e r  scatter, which i s  thought t o  be p a r t l y  t h e  r e s u l t  of t h e  flow not 
being f u l l y  turbulent .  The model had only two gages, and a s  may be seen i n  
f i g u r e  22, t h e  upstream gage genera l ly  indica ted  lower heat ing  r a t e s  than 
d i d  t h e  downstream gage. General ly,  t h e  agreement of t h e  da ta  wi th  t h e P r p r  
method is good over t h e  e n t i r e  range of sweep angles ,  including some da ta  
(AD485M-1) i n  which r e a l  gas  e f f e c t s  were present .  

The c i rcumferent ia l  d i s t r i b u t i o n  of turbulent  leading edge heat ing  is 
compared wi th  the  p, p r  i n f i n i t e  cy l inder  theory i n  f i g u r e  23. The 
scatter is somewhat g r e a t e r  f o r  t h e s e  tu rbu len t  da ta  than f o r  t h e  laminar 
d a t a  shown i n  f i g u r e  18 ,  but t h e  d a t a  i n d i c a t e  s u b s t a n t i a l  agreement with 
t h e  theory  up t o  50 degrees from t h e  s t agna t ion  l i n e ,  The da ta  a t  t h e  
shoulder  depar t  from cy l inder  theory  a s  i n  laminar flow. The d a t a  i n  
f i g u r e  23 are from sharp-prow d e l t a  wings. Data from the  blunt-prow models 
were not of s u f f i c i e n t  q u a l i t y  t o  determine t h e  exis tence  of an e f f e c t  
s i m i l a r  t o  t h a t  shown i n  t h e  laminar d a t a  of f i g u r e  18. 

The e f f e c t  cf angle of a t t a c k  on t h e  maximum observed tu rbu len t  d e l t a  
wing leading edge heat ing r a t e  is  shown i n  f i g u r e  24. In order  t o  compare 
d a t a  from severa l  d i f f e r e n t  t e s t  condi t ions  t h e  da ta  a r e  normalized by a 
reference  value of the  Stanton number (N S t ,  ref  ) which is the  t h e o r e t i c a l  
tu rbu len t  s tagnat ion  l i n e  velue ( Pr pr  theory) f o r  a 60 degree swept 
cy l inder  wi th  a d iane te r  equal  t o  t h e  wing thickness.  

The d a t a  of f i g u r e  24 exh ib f t  t r e n d s  s i m i l a r  t o  thbse shown by t h e  
laminar d a t a  i n  f i g u r e  21, agreeing we l l  a t  low angles of a t t a c k  with P r p r  
i n f i n i t e  cy l inder  theory ,  but  showing l e s s  increase  with angle of a t tack .  
This decrease ,  r e l a t i v e  t o  t h e  theory is a t t r i b u t e d  t o  a lower su r face  e f f e c t  
s i m i l a r  t o  t h a t  observed i n  laminar flow. The amount of da ta  a v a i l a b l e  is  
not  s o  extens ive  a s  i n  t h e  laminar comparison, and the  p o s s i b i l i t y  of higher 
va lues  than those p l o t t e d  cannot be e n t i r e l y  discounted. However, t h e  
observed t rend agrees well  with t h e  leading edge theory correc ted  f o r  lower 
surface  e f f e c t s  a s  described i n  connection with f i g u r e  21. 

Daal-Radius l e a d i n g  Edge 

Model AD477M.-1 was provided wi th  a dual-radius leading edge where the  
l a r g e r  r ad ius  was 3 times the  smaller  radius  (see f i g u r e  2). A s  shown, the  
model had a sharp-prow and sweep angle of 73 degrees. The dual-radius 



conf igu ra t ion  could have reduced X-20 leading  edge h e a t i n g  i n  f l i g h t ,  bu t  
w a s  n o t  adopted because of poor low speed aerodynamic c h a r a c t e r i s t i c s .  

P re s su re  d a t a  and s t a ~ n a t i o n  l i n e  s h i f t .  - Pres su re  d i s t r i b u t i o n s  on 
t h e  dua l - rad ius  lead ing  edge model a r e  shown i n  f i g u r e  25. In  t h i s  case,  
d a t a  are normalized wi th  r e s p e c t  t o  t h e  observed maximum pressures ,  P mas' 
P is up t o  9 percent  h ighe r  t han  ca l cu la t ed  s t a g n a t i o n  l i n e  pressure ,  
iFa?s used s i n c e  l ead ing  edge s o n i c  p o i n t  l o c a t i o n s  w i l l  be of i n t e r e s t  
l a t e r .  Th i s  s t a g n a t i o n  l i n e  p re s su re  discrepancy is f e l t  t o  be due t o  a 
f i n i t e  l e n g t h  e f f e c t ,  on t h e  b a s i s  of t h e  comparison shown i n  f i g u r e  10. 
The q u a l i t y  of t h e  AD477M-1 p re s su re  d a t a  is considered t o  be exce l l en t .  

Two methods were used t o  determine t h e  l o c a t i o n  of t h e  s t a g n a t i o n  l i n e  
and s o n i c  l i n e s  from t h e  Pasired d a t a  of f i g u r e  25: 

1) t h e  9 at which P/Pnax = 1 and 0.52s f o r  each ang le  of a t t ack ,  and 

2) t h e  ang le  of a t t a c k  at which Pipmax = 1 and 0.528 f o r  each instrument  
l o c a t  ion. 

The r e s u l t s  a r e  presented  i n  f i g u r e  26. Tbe displacements  p red ic t ed  
by t h e  X-20 and i n f i n i t e  c y l i n d e r  methods a r e  shcxn f o r  re ference .  A maxi- 
mum d i f f e r e n c e  of about 12 degrees  from t h e  cyLindr ica1  leading  edge theo ry  
w a s  observed at z e r o  and n e g a t i v e  ang le s  of a t t a c k .  

It is of i n t e r e s t  t o  determine t h e  angle  of a t t a c k  l i m i t s  of t h e  dual-  
r a d i u s  e f f e c t .  An examination of f i g u r e  26 shows t h a t  t h e  s t agna t ion  l i n e  
l o c a t i o n  ag rees  wi th  t h e  p rev ious ly  determined c y l i n d e r  va lues  except at 
low ang le s  of a t t a c k .  It is a l s o  seen t h a t  t h e  convergence of t h e  dual- 
r a d i u s  model d a t a  t o  t h e  c y l i n d e r  va lues  co inc ides  wi th  t h e  movement of t h e  
upper s o n i c  l i n e  onto  t h e  l a r g e  r a d i u s  p o r t i o n  of t h e  l ead ing  edge. These 
t r e n d s  a r e  i n  agreement wi th  t h e  expected beha,vior, cons ider ing  two-dimen- 
s i o n a l  f low i n  t h e  p lane  normal t o  t h e  leading  edge ax i s .  On t h e  b a s i s  of 
t h e s e  d a t a  and t h e  c ross f low analogy i t  has been concluded t h a t  t h e  sma l l e r  
r a d i u s  a f f e c t s  t h e  leading  edge flow only  a t  angles  of a t t a c k  l e s s  than  14 
degrees,  and t h a t  t h e r e  is no measurable effect 'above 10 degrees.  

Heat t r a n s f e r  d a t a .  - Circumferent ia l  heat  t r a n s f e r  d a t a  f o r  t h e  AD437M-1 
dual - rad ius  lead ing  edge :ire presented  i n  f i g u r e  27. A l l  d a t a  a r e  normalized 
wi th  r e s p e c t  t o  pr /L i n f i n i t e  cy l inde r  s tagriat ion l i n e  theory  based on t h e  
l a r g e r  radius.-  The t h e o r e t i c a l  d i s t r i b u t i o n  f o r  t h e  l a r g e  r ad ius  i s  shown, 
ad jus t ed  t o  be c o n s i s t e n t  ~ i t h  t h e  s t agna t ion  l i n e  l o c a t i o n  of f i g u r e  26. 
Th i s  adjustment I-mproves d ~ t a - t h e o r y  agreement cons iderably  over t h a t  obtained 
us ing  t h e  c y l i n d r i c a l  l ead ing  edge s t agna t ion  l i n e  loca t iqn .  For t h i s  model 
t h e  l i n e  of maximum b a t i n g  co inc ides  with t h e  t r u e  flow s t agna t ion  l i n e .  
Heating d i s t r i b u t i o n s  an t h e  l a r g e r  r a d i u s  a r e  e s s e n t i a l l y  unaffected by t h e  
dua l - r ad ius  geometry, a s  i nd i ca t ed  by t h e  theory curves .  However, cy l inde r  
theory  based on t h e  smal le r  r ad ius  does no?, agrse  wi th  d a t a  obtained on t h a t  
p a r t  o f  t h e  leading  edge. 



Also shown i n  f i g u r e  27, a t  zero  angle of a t t a c k ,  a r e  t h e  only tu rbu len t  
dual-radius d a t a  ava i l ab le  from t h e  test. Data and theory both e x h i b i t  essen- 
t i a l l y  t h e  same d i s t r i b u t i o n  a s  t h e  laminar values when normalized by t h e  
t h e o r e t i c a l  ( p r l ,  ) s tagnat ion l i n e  value. Incomplete t r a n s i t i o n  t o  turbu- 
l e n t  flow may account f o r  t h e  s l i g h t l y  reduced heating l e v e l  of these  d a t a ,  
indica ted  by t h e  maximum value of N /N St  S t ,  SL theory of about 0.90. 

It appears from these  d a t a  t h a t  t h e  l a r g e r  of t h e  two r a d i i  determines 
t h e  s t agna t ion  region heating l e v e l ,  even when t h e  s tagnat ion l i n e  is  on t h e  
smaller rad ius  (QSL = -5O a t  -5 degrees angle of a t t ack) .  It is  expected 
t h a t  t h e  smaller  radius  would dominate a t  l a r g e r  negative angles of a t t a c k ,  
but no such d a t a  were obtained. The observed behavior suggests t h a t  t h e  
shock shape i n  the  s tagnat ion region i s  determined primari ly by t h e  l a r g e  
radius .  Although t h i s  shock shape could not be photographed, t h e  behavior of 
t h e  s tagnat ing s t reamlines  near the  wal l  can be determined from the  s tagnat ion 
l i n e  loca t ions ,  and the  d i r e c t i o n  of t h e  f r e e  stream flow determined from 
purely geometric considerat ions.  Comparisons of t h i s  type (see f i g u r e  28) 
show t h a t  t h e  s tagnat ion streamline does not coincide wi th  t h e  f r e e  stream 
vector  a t  low angles of a t t ack .  

Data on Slab Por t ion of Delta Wing 

Pressure  data--sharp prow model.- Lower surface  pressure d a t a  from t h e  
c e n t e r l i n e  region of sharp prow models a r e  shown i n  f i g u r e  29. A t  high angles 
of a t t a c k  t h e  d a t a  a r e  seen t o  be e s s e n t i a l l y  constant  and i n  good agreement 
with t h e  indicated  t h e o r e t i c a l  values. The l a t t e r  a r e  based on t h e  well-known 
wedge equation : 

 sin CXJ [sin (a! + 611 
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where OL i s  t h e  angle of a t t a c k  o r  wedge angle and 5 is t h e  d i f fe rence  
between t h e  shock wave angle and the  angle of a t tack.  Values of 5 were 
ca lcula ted  from equaticn (10): 
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Equation (10) is an empiricnf f i t  to numerical so lu t ions  of the  flow f i e l d  
over a sharp leading edge d e l t s  w i n g  by t he  method of reference 18. A com- 
parison of shock wave angles predic ted  with equation (10)with some d a t a  from 
t h e  sharp-prow dual-radius model AD477M-1 i s  shown i n  f i g u r e  30. Although 
the  model has blunt leading edges, equation (10) is  seen t o  agree very wel l  
with the  observed shock anq ie s .  

In order  t o  more e a s i l y  compare t h e  da ta  with o ther  predic t ion methods, 
t h e  d a t a  of f i g u r e  29 a re  rep lo t t ed  i n  f i g u r e  31. A s  shown, the  high angle 
of a t t a c k  d a t a  a r e  i n  f a i r  agreement with wedge, cone, and Newtonian t h e o r i e s ;  



however, equat ion  (9) provides t h e  bes t  agreement. 

A t  low angle  of a t t a c k  a s t rong  a x i a l  pressure  gradient  was observed, 
which is  a t t r i b u t e d  t o  combined viscous i n t e r a c t i o n  and leading edge bluntness 
e f f e c t s .  The viscous i n t e r a c t i o n  e f f e c t  was ca lcu la ted  by reference  19 by 
Bertram, which is i d e n t i c a l  t o  h i s  e a r l i e r  method ( r e f .  20) a t  zero  angle of 
a t t ack .  The bluntness con t r ibu t ion  was ca lcu la ted  from: 

The leading edge drag c o e f f i c i e n t  , CD, LB is  t o  be evaluated f o r  t h e  Mach 

number normal t o  t h e  leading edge. Equation (11) i s  based on reference  21, 
modified t o  r e l a t e  t h e  e f f e c t  of the  swept leading edge t o  t h e  f r e e  stream 
dynamic pressure .  

The p r e d i c t i o n s  of the  viscous i n t e r a c t i o n  and bluntness methods a r e  
shown i n  f i g u r e  29. Good agreement is obtained with simple add i t ion  of t h e  
e f f e c t s  except i n  t h e  downstream por t ion  of t h e  Mach 6 d a t a ,  where the  e f f e c t  
of t h e  f i n a l  term i n  equation (11) becomes dominant. The agreement obtained 
is  q u i t e  s u r p r i s i n g ,  s ince  equation (11) r e s u l t s  from purely formal operat ions 
on an expression developed f o r  q u i t e  d i f f e r e n t  condit ions.  Not only i s  the  
normal Mach number very low, but the  condi t ion  of symmetry with respect  t o  
the  c e n t e r l i n e  plane would be expected t o  have an e f f e c t  a s  w e l l .  Indeed, 
i t  could be argued t h a t  t h e  leading edge con t r ibu t ion  should be doubled a t  
the  c e n t e r l i n e ,  s ince  the  wing has two leading edges. However, it is 
expected t h a t  l i n e a r  add i t ion  of both leading edge con t r ibu t ions  would 
over p red ic t  c e n t e r l i n e  pressures.  

The spanwise pressure  d i s t r i b u t i o n s  shown i n  f i g u r e  32 exh ib i t  s imi la r  
t r ends  i n  t h a t  t h e  high angle of a t t a c k  d a t a  a r e  e s s e n t i a l l y  constant  except 
on t h e  leading edge i t s e l f .  A t  angles below abdut 10 degrees t h e  da ta  a r e  
badly s c a t t e ~ e d ,  but do not seem t o  show any gradient  comparable with t h a t  
predic ted  b7 equation ( l l ) ,  except f o r  t h e  0 degree angle of a t t a c k  da ta  
shown i n  f i g u r e  32(a ) .  The Mach 6 and 7 d a t a  a c t u a l l y  seem t o  show a minimum 
a t  t h e  leading edge shoulder. The Mach 8.08 d a t a  from t h e  dual  radius  model 
may not provide a proper comparison at angles of a t t a c k  l e s s  than about 15 
degrees. 

The e f f e c t  of yaw on spanwise pressure d i s t r i b u t i o n s  f o r  the  sharp prow 
dual-radiur  model i s  shown i n  f i g u r e  33. A s  expected, the  e f f e c t  is l a r g e s t  
on the  lezding edge and a t  low angles of a t t ack .  No comparable da ta  a re  
ava i l ab le  irom t h e  Mach 6 and  7 tes.ss.  

Pressure da ta -e f fec t  of nose bluntness,-Lower su r face  c e n t e r l i n e  pressure 
data fro^ a b lunt  prow d e l t a  ving a r e  presented i n  f i g u r e  34. A t  high angles 
of a t t a c k  the  d a t a  agree w e l l  with equations (9) and (10) except near the  nose. 



The poorest  agreenrent is  shown by t h e  Mach 7 d a t a ,  which were taken very 
e a r l y  i n  t h e  X-20 program, and a r e  considered t o  be t h e  poorest q u a l i t y  
data .  The Mach 8.08 d a t a ,  which are i n  exce l l en t  agreement with equations 
(9) and (10) a r e  a l s o  considered t o  be t h e  bes t  q u a l i t y  data .  With the  
r e l a t i v e  q u a l i t y  of t h e  d a t a  taken i n t o  account, i t  is  considered t h a t  t h e r e  
is no la rge  e f f e c t  of nose bluntness on t h e  high angle of a t t a c k  data .  

The a v a i l a b l e  information regarding shock shape is  consis tent  with t h i s  
observation. As shown i n  f i g u r e  35, t h e  shock wave is w e l l  predicted by 
matching t h e  sharp d e l t a  wing shock shape, equation ( l o ) ,  t o  a hemisphere 
shock, reference  22 and t h a t  t h e  matching point  is very near t h e  nose a t  
high angles of a t tack.  

A t  l o w  angles of a t t a c k  nose bluntness was found t o  increase  c e n t e r l i n e  
pressures.  A p red ic t ion  of t h i s  increase  was made wi th  t h e  cor re la t ion  
equation given by Van H i s e  (ref .  22)  which is based on t h e  b l a s t  wave 
analogy f o r  hemisphere cyl inders :  

where M 2  

C = 
pn -21, 2 

2' O3 

C = nose hemisphere drag c w f f  i c i e n t  
*n 

(X is i n  t h i s  case measured from t h e  geometric s tagnat ion point  and along 
the  model a x i s . )  The value obtained was then superimposed onto t h e  pre- 
viously described viscous and leading edge bluntness contr ibut ions  s o  t h a t  
t h e  f i n a l  t h e o r e t i c a l  pressure c o e f f i c i e n t  i s :  

Equation ('83 i s  i n  f a i r  agr'ement w i t h  t h e  d a t a  in ' f igure 34 f o r  X/D P 

l e s s  than about 6 ;  a t  g r e a t e r  d i s t ances  the  Mach 8.08 d a t a  a r e  wel l  above 
the  predic t ion.  This l a t t e r  t rend p e r s i s t s  t o  angles of a t t a c k  of 15 
degrees, and may be due t o  s t i n g  in te r fe rence ,  although there  i s  no other  
evidence of in te r fe rence  e f f e c t s .  Near the  nose t h e  d a t a  f a l l  below t h e  
p red ic t ion  f o r  a l l  but t h e  highest  angles. This e f f e c t  is believed t o  be 
a c h a r a c t e r i s t i c  overexpansion of the  flow from the  nose, s imi la r  t o  t h a t  
observed oii hemisphere-cylinders by Van H i s e  ( ref .  22) snd others.  

Spanwise pressure  d i s t r i b u t i o n s  f o r  zero yaw a r e  shown i n  f i g u r e  36. 
As  w i t h  t5e c e n t e r l i n e  da t a ,  no l ~ r g e  e f f e c t  of nose bluntness was observed 
a t  high angles of a t t ack .  At, zero angle of a t t a c k  t h e  d a t a  of f igure  36c 
show a cons i s t en t  increase  over d a t a  shown i n  figure 32b.  However, a t  a l l  
o ther  a t t i t u d e s  no consis tent  d i f ference  is apparent. 



The e f f e c t  of yaw on spanwise pressures on t h e  blunt  prow model is 
shown i n  f i g u r e  37. The r e s u l t s  a re  very s i m i l a r  t o  those shown i n  f i g u r e  
33 f o r  t h e  sharp prow model, allowing f o r  t h e  d i f f e r e n t  yaw angles i n  t h e  
two tests. 

The e f f e c t  of ramp angle is shown i n  f i g u r e  38. Based on t h e  previous 
comparisons equation (9) is expected t o  apply t o  t h e  forward por t ion of 
t h e  wing f o r  high angles of a t tack.  Also, f a r  downstream of t h e  f o l d  l i n e  
equation (9) should again apply,  a s  t h e  e f f e c t  of t h e  ramp cannot extend 
i n f i n i t e l y  f a r .  Immediately downstream of t h e  f o l d  l i n e ,  however, equation 
(9) is expected t o  over-predict t h e  l o c a l  p ressure ,  s ince  a l o c a l  flow 
expansion c a l c u l a t i o n  would show a g r e a t e r  pressure  drop a t  t h e  fo ld  than 
does equation (9). Based on t h e  d a t a  shown, it appears t h a t  the  e f f e c t  of 
t h e  ramp extends a t  l e a s t  16 nose diameters,  o r  a t  l e a s t  twice the  length 
of t h e  ramp. However, these  d a t a ,  which were taken e a r l y  i n  t h e  X-20 
program, a r e  of r e l a t i v e l y  poor q u a l i t y ,  and a r e  not considered d e f i n i t i v e  
f o r  the  r e l a t i v e l y  s m a l l  e f f e c t  shown. 

Real gas  e f fec t . -  Centerl ine pressure d a t a  from blunt prow d e l t a  wing 
models t e s t e d ' i n  a supersonic wind tunnel  and a shock tube a r e  presented 
i n  f i g u r e  39. The shock tube da ta  were taken i n  conjunction with t e s t s  t o  
determine r e a l  gas  ef fe 'c ts  on heat  t r a n s f e r .  Pressure d a t a  a r e  ava i l ab le  
from only t h e  low enthalpy shock tube tests, s ince  t h e  pressures  obtained 
i n  high enthalpy t e s t s  could not be contained by the  shock tube windows. 
Dissocia t ion l e v e l s  w e r e  up t o  10 percent  ( Z  = 1.1) f o r  the  d a t a  shown, 
however. The wind tunnel  da ta  were taken t o  provide comparable i d e a l  gas  
p ressures ,  t o  provide more d e t a i l e d  d i s t r i b u t i o n s  than could be obtained 
wi th  t h e  hfach l i n e  technique used i n  t h e  shock tube tests, and t o  provide 
streamline da ta  f o r  analyzing shock tube hea l  t r a n s f e r  data.  

The shock tube d a t a  a r e  found t o  be somewhat lower than t h e  wind tunnel  
d a t a  which a r e  well-predicted by simple cone theory. 

Shock tube pressure  d a t a  could not be obtained a t  angles of a t t a c k  
g r e a t e r  than about 37 degrees. As s t a t e d  e a r l i g r ,  shock tube pressure 

E 
d a t a  were obtained by reading l o c a l  Mach angles.  The absence of Mach 
l i n e s  a t  higher angles is in te rp re ted  a s  ind ica t ing  t h a t  t h e  lower surface  
flow had become subsonic. 

Delta Wing s t reamline  data.- Streamline p a t t e r n  da ta  were taken i n  
severa l  of the  tests by the  d i r e c t  t r a n s f e r  technique described under 
EXPERIMENTAL TECHNIQUE AND DATA REDUCTION. The d i r e c t  t r a n s f e r  technique 
was used i n  order t o  obta in  t r u e  flow p a t t e r n s  r a t h e r  than t h e  projected 
views t h a t  photographs provide. Some examples of the  d i r e c t  t r a n s f e r  
s t reamline  p a t t e r n s  a r e  shown i n  f i g u r e  40. Although d i f f i c u l t  t o  reproduce, 
the  flow p a t t e r n s  were found t o  be more e a s i l y  read quan t i t a t ive ly  from t h e  
o r i g i n a l  d i r e c t  t r a n s f e r s  t h a n  from photographs. Samples of s treamline 
angle readings a r e  presented i n  f i g u r e  41;  t h e  f a i r e d  r e s u l t s  of o ther  
readings a r e  presented i n  f i g u r e  42. 



Both t h e  b lunt  and sharp prow s t reamline  p a t t e r n s  e x h i b i t  more outflow 
near t h e  trailing edge than near  t h e  apex. The observed behavior is  
cons i s t en t  wi th  t h e  v a r i a t i o n  of t h e  s t reamline  angle a t  t h e  leading edge 
shoulder ,  shown i n  f i g u r e  43. The condi t ion  of symmetry about the  center-  
l i n e  r equ i res  t h a t  t h e  outflow angle begin from zero  at  t h e  i n t e r s e c t i o n  
of t h e  leading edge shoulders ,  while f a r  downstream it is expected t o  agree 
with t h e  sharp d e l t a  wing p red ic t ions  presented i n  appendix C. A s  shown, 
i n  f i g u r e  43 t h e  s t reamline  angle a t  t h e  leading edge is s t i l l  increas ing 
a t  t h e  t r a i l i n g  edge of t h e  model f o r  angles  of a t t a c k  g r e a t e r  than 35 
degrees. The comparison of observed s t reamline  angles on b lunt  and sharp 
prow models presented i n  f i g u r e  44 shows s i m i l a r  t rends.  

It should be noted t h a t  o i l  flow p a t t e r n s  do not  necessa r i ly  i n d i c a t e  
t h e  t r u e  d i r e c t i o n  of t h e  e x t e r n a l  flow. Laminar flow theory f o r  yawed 
cy l inders  and yawed cones (references 23 and 24) i n d i c a t e  t h a t  t h e  out- 
flow angle as indica ted  by t h e  d i r e c t i o n  of t h e  shear  f o r c e  a t  t h e  su r face  
may be a f a c t o r  of two o r  more g r e a t e r  than t h e  outflow angle of t h e  
e x t e r n a l  flow. The magnitude of t h e  e f f e c t  i n  tu rbu len t  f low cannot be 
ca lcu la ted ,  but is thought t o  be much less. 

Laminar-heating--sharp prow model.- Laminar heat ing da ta  were obtained 
on two sharp prow models i n  the,  present  program, t h e  c y l i n d r i c a l  leading 
edge model AD465M-1 and the  dual-radius leading edge model AD477M-1. Data 
from the  c e n t e r l i n e  regions normalized by a t h e o r e t i c a l  hemisphere 
s t agna t ion  point  va lue ,  a r e  presented i n  f i g u r e  45. Data a r e  shown 
only f o r  angles  of a t t a c k  g r e a t e r  than 20' .  A t  lower angles the  da ta  
were of poor q u a l i t y  and apparently t r a n s i t i o n a l ,  A s  discussed previously 
i n  the  s e c t i o n  on dual  r ad ius  e f f e c t s ,  i t  i s  believed t h a t  t h e r e  i s  no 
s i g n i f i c a n t  e f f e c t  of the  smaller  r ad ius  on lower surface  flow i n  t h i s  
angle of a t t a c k  range. 

Comparisons have been made with two t h e o r e t i c a l  methods: two-dimen- 
s i o n a l  pr Clr f l a t  p l a t e  theory,  and a three-dimensional method using 
outflow ca lcu la t ions  based on Appendix C, Both methods a r e  s t r i c t l y  
app l i cab le  only t o  sharp leading edge models, so  t h a t  some equivalent  
boundary l aye r  o r i g i n  must be se lec ted .  Accordingly the' p r  jdr theory 
i s  evaluated f o r  two d i f f e r e n t  d i s t a n c e s ,  a s  indica ted  on t h e  f igure .  

Far  forward, and a t  low angles of a t t a c k ,  the  da ta  a r e  seen t o  agree 
best  with the  two-dimensional theory ,  while f a r t h e r  a f t  and a t  higher 
angles  the  da ta  agree b e t t e r  with the  three-dimensional theory. These 
t r ends  a r e  cons i s t en t  wi th  the  d iscuss ion of flow p a t t e r n s ,  which showed 
l e s s  outflow near t h e  apex than f a r t h e r  a f t .  

Spanwise heat ing d i s t r i b u t i o n s  on t h e  dual-radius sharp prow model a t  
zero  and 10 degrees yaw a r e  presented i n  f i g u r e  46 ,  a g a i n  i n  the  angle of 
a t t a c k  range f o r  which t h e  e f f e c t  of t h e  smallcr  r a d i u s  i s  thought t o  be 
negl ig ib le .  The t h e o r e t i c a l  p red ic t ion  far the  s tagnat ion  l i n e  of an 
i n f i n i t e  cy l inder  i s  shown f o r  each angle ok a t t a c k  and f o r  both the  unyawed 
and yawed a t t i t u d e s .  The data  f o r  the  unyawed case a r e  seen t o  f a l l  well  



below t h e  theory ,  a s  was noted i n  a previous sec t ion ,  The s tagnat ion l i n e  
d a t a  f o r  t h e  yawed case  show much l e s s  reduction. It w i l l  be noted t h a t  
t h e  observed e f f e c t  of yawing t h e  model lo0  on s tagnat ion l i n e  heating 
i s  approximately constant  throughout t h e  angle of a t t a c k  range a t  about 
40%, i n  con t ras t  t o  t h e  i n f i n i t e  cyl inder  p red ic t ion  t h a t  the  e f f e c t  
decreases t o  l e s s  than  10% a t  40 degrees angle of a t t ack .  

The t h e o r e t i c a l  curves shown i n  f i g u r e  46 were computed by equating 
the  flow t o  t h a t  on an unyawed blunt wedge. The f r e e  stream Mach number 
i s  taken t o  be t h e  a c t u a l  f r e e  stream component normal t o  t h e  leading 
edge s tagnat ion l i n e ,  and t h e  equivalent  angle of a t t a c k  i s  given by 
t h e  s tagnat ion l i n e  s h i f t  (see f i g u r e  28). It was known t h a t  t h i s  analogy 
provides exce l l en t  e s t ima tes  of pressure and heat  t r a n s f e r  coef f i c ien t  
near the  s tagnat ion l i n e  of a yawed cylinder.  

The method is seen t o  p red ic t  the  heat  t r a n s f e r  d i s t r i b u t i o n  on t h e  
leading edge reasonably we l l ,  but the  predic ted  heat ing r a t e s  f a l l  w e l l  
below t h e  data  near t h e  cen te r  of t h e  wing. 

Laminar heating--bluntness e f f e c t s . -  Center l ine  heat  t r a n s f e r  data  
from blunt  prow d e l t a  wing model AD462M-1 a r e  presented i n  f i g u r e  47, 
normalized with r e s p e c t  t o  t h e  s tagnat ion point  t h e o r e t i c a l  value. Compari- 
son of these  d a t a  w i t h  f i g u r e  45 show a reduction of 30% o r  more below the  
corresponding sharp prow d a t a ,  except near t h e  hemisphere tangent point.  

Three P r p r  t h e o r e t i c a l  values a r e  presented f o r  comparison, Each 
value was computed assuming t h a t  t h e  e f f e c t s  of three-dimensional flow on 
heat  t r a n s f e r  i s  not s i g n i f i c a n t l y  influenced by c ross  flow pressure 
gradients .  The sharp d e l t a  wing pr  pr method previously described i s  
seen t o  g r e a t l y  overpredict  t h e  d a t a ,  even when based on the  d is tance  from 
t h e  t h e o r e t i c a l  apex. The two blunt prow curves were ca lcula ted  by t h e  
method of Appendix B using pressure data  from f i g u r e  34. Both ca lcu la t ions  
a r e  matched t o  t h e  hemisphere shoulder value. The three-dimensional 
ca lcu la t ion  incorpora tes  t h e  sharp d e l t a  wing p red ic t ion  of outflow angles 
described i n  Appendix C. *Since the  observed ou$flow angles on the  blunt- 
d e l t a  wings were found t o  be much l e s s  than t h i s  method p r e d i c t s ,  the  two- 
dimensional theory i s  a l s o  shown. Streamwise pressure  gradients  a r e  taken 
i n t o  account i n  both b lunt  prow calcula t ions .  

The d a t a  a r e  seen t o  f a l l  below t h e  blunt prow t h e o r i e s  except a t  the  
h ighes t  angles of a t t a c k ,  and except f o r  a shor t  d is tance  a f t  of the  nose. 
No streamline d a t a  a r e  a v a i l a b l e  from these s p e c i f i c  t e s t s .  The lower 
Mach number da ta  from AD461M-1 t e s t s  a l l  ind ica te  the  existence of some 
outflow, from which it would appear t h a t  three-dimensional e f f e c t s  do not 
expla in  t h e  tendency of t h e  da ta  t o  f a l l  below t h e  theory. However, t h e  
o i l f low da ta  of reference  1 demonstrate the  exis tence  a t  low angles of 
a t t a c k  of a much more complex flow f i e l d  than i s  assumed by the  theory 
shown here ,  which apparently reduces the  l o c a l  heat  t r a n s f e r .  L s  the 
angle of a t t a c k  inc reases ,  the  agreement with t h e  theory genera l ly  improves. 
The exception,  t h e  high da ta  point  a t  X/D = 12 f o r  30°  angle of a t t a c k  i s  
thought t o  be t r a n s i t i o n a l .  



Spanwise d i s t r i b u t i o n s  of laminar  h e a t  t r a n s f e r  on t h e  b l u n t  prow 
d e l t a  wing a r e  presented  i n  f i g u r e  48. The sharp-prow z e r o  yaw d a t a  and 
theo ry  from f i g u r e  46 are a l s o  r e p l o t t e d  f o r  comparison. The b lun t  prow 
d a t a  a r e  seen t o  fo l low t r e n d s  t h a t  a r e  c o n s i s t e n t  wi th  t h e  previous  
observa t ions ,  t h e  sha rp  prow l ead ing  edge d a t a  b e i n g g n e r a l l y  h ighe r  than  
t h e  b l u n t  prow model d a t a .  There appears  t o  be a t r end  wherein prow 
b lun tnes s  i n c r e a s e s  hea t ing  inboard of t h e  leading  edge at low angles ,  
but causes  a reduct ion  a t  h igh  angles .  

Spanwise d i s t r i b u t i o n  of laminar hea t  t r a n s f e r  d a t a  and theo ry  on a 
yawed b lun t  prow d e l t a  wing a r e  shown i n  f i g u r e  49. The d a t a  and theo ry  
shows t r e n d s  similar t o  t h o s e  shown i n  f i g u r e s  46 and 48 f o r  t h e  z e r o  yaw 
case. The c r o s s  flow theo ry  t ends  t o  ove rp red ic t  t h e  hea t  t r a n s f e r  
d i s t r i b u t i o n  a t  t h e  l ead ing  edge, and unde rp red ic t s  t h e  hea t ing  r a t e s  on 
t h e  lower su r f ace .  The e f f e c t  of yaw on b lunt  d e l t a  wing c e n t e r l i n e  h e a t  
t r a n s f e r  presented  i n  f i g u r e  50 i n d i c a t e s  t h e  presence of t r a n s i t i o n  e f f e c t s .  

D e l t a  Wing Turbulent Heating 

Delta wing hea t ing  r a t e s  wi th  t u r b u l e n t  boundary l a y e r  flow a r e  
presented  i n  f i g u r e s  51  through.  56. The ma jo r i ty  of t h e  d a t a  were obtained 
i n  t h e  Boeing Hypersonic Wind Tunnel which provided a  much h igher  Reynolds 
number t han  was a v a i l a b l e  i n  o t h e r  f a c i l i t i e s ,  but  whose smal l  test s e c t i o n  
l i m i t e d  model s i z e  t o  about 7 inches.  For  t h i s  reason it was no t  p o s s i b l e  
t o  ins t rument  t h e  models as thoroughly as w a s  des i r ed .  A s  on t h e  leading  
edge models, t u rbu len t  flow could be obtained only wi th  t h e  a i d  of boundary 
l a y e r  t r i p s ,  which inva l ida t ed  some of t h e  da t a .  However: t u r b u l e n t  d a t a  
were obta ined  f o r  many cond i t i ons  t h a t  a r e  bel ieved t o  be of good q u a l i t y .  
P a r t i c u l a r l y  i n t e r e s t i n g  a r e  t h e  shock tube  da ta ,  s i n c e  these  a r e  t h e  only 
known d e l t a  wing d a t a  taken under cond i t i ons  f o r  which r e a l  g a s  e f f e c t s  
a r e  p re sen t .  

Sharp-prow models. - Turbulent hea t ing  d a t a  from t h s  sharp-prow models 
a r e  presented  i n  f i g u r e s  51, 5 2 ,  and 53. Cen te r l i ne  d a t a  a r e  presented  i n  
f i g u r e  51, t o g e t h e r  wi th  t h e o r e t i h a 1  p r e d i c t i o n s  accordi"ng t o  t h e  p p r 
method g iven  i n  Appendix B. A s  p rev ious ly  d iscussed  ~ $ 3  cqnnection w i t 6  
f i g u r e  45 t h e r e  is no c l e a r  choice  of an equiva len t  sharp  d e l t a  wing apex 
f o r  beginning boundary l a y e r  c a l c u l a t i o n s .  The effective o r i g i n  of t h e  
laminar  boundary l a y e r  is  expected t o  l i e  someplace between t h e  sharp-prow 
and t h e  l n t e r s e c t l o n  c f  t h e  leading  edge shoulders .  Slnce tu rbu len t  flow 
could n u t  be obtalned without  a  boundary l a y e r  t r i p  i t  is bel ieved t h a t  
t h e  flow remalt14 1t;ninar up t o  z l e  t r - l p .  Tlle e f f e c t i v e  o r i g i n  of t h e  
t u r b u l e n t  boundary l a y e r  may t h e r e f o r e  be downstream of t h e  leading  edge 
shoulder  i n t e r s e c t i o n .  The d a t a  i nd ica t e ,  however, f u l l y  t u r b u l e n t  flow 
j u s t  downstream of t h e  t r i p  s o  t h a t  the e f f e c t i v e  o r i g i n  cannot be down- 
s t ream of t h e  t r l p .  

According1 y .  t h r e e  i ~ r # s s i b l e  a p p l i c a t  iaus of t h e  theory  a r e  shown: 
three-dimensionai  i..e.-.r.y n,?.iefi on a l s t a~ rc r  f r m  t h e  model apex, and two- 
and three-dimensional  theory: based on d i s t a n c e  from t h e  t r i p .  The 



three-dimensional t h e o r i e s  include streamline divergence based on sharp 
d e l t a  wing streamlines a s  predic ted  by the  method of Appendix C. 

The d a t a  a r e  we l l  predic ted  by the  theory based on d i s t ance  from t h e  
t r i p .  It is  not poss ib le  t o  demonstrate the  exis tence  of a three-  
dimensional flow e f f e c t ,  however, a s  t h e  predic ted  e f f e c t  is l e s s  than 
t h e  u n c e r t a i n t i e s  i n  the  data .  It i s  f e l t  t h a t  the  high angle of a t t a c k  
d a t a  a r e  the  most r e l i a b l e ,  f o r  severa l  reasons: 

1. B a t i n g  r a t e s  a r e  h i g h e s t ,  minimizing instrument e r ro r s .  

2, Pressures a r e  l e a s t  a f fec ted  by bluntness o r  viscous in te rac t ions .  

3. Three-dimensional e f f e c t s  a r e  l a r g e s t ,  hence most e a s i l y  observed. 

4. Transi t ion  occurred very near (or on) t h e  t r i p .  

5. Tota l  pressure  l o s s e s  (due t o  small shocks caused by the  t r i p )  
a r e  l e s s  because t h e  l o c a l  Mach number i s  small. 

In c o n t r a s t ,  t h e  lowest angle of a t t a c k  d a t a  appear t o  be only p a r t i a l l y  
t r ipped.  Considering the  r e l a t i v e  da ta  q u a l i t y ,  i t  appears t h a t  the 
present  tests do not support t h e  predicted exis tence  of a streamline 
divergence e f f e c t  i n  turbulent  flow. In t h i s  connection, it w i l l  be 
r e c a l l e d  t h a t  t h e  leading edge d a t a  c l e a r l y  e s t a b l i s h  the  exis tence  of 
s t reamline  divergence e f f e c t s  i n  turbulent  flow (since otherwise the  
heat ing r a t e  would vary with d i s t ance  along the s t agna t ion  l i n e )  and t h a t  
p red ic t ions  based on Appendix B including the  three-dimensional e f f e c t  
agree  wel l  with the  experimental leading edge r e s u l t s .  It i s  c l e a r ,  
however, t h a t  three-dimensional e f f e c t s  a re  not appreciably l a rge r  than 
t h e  theory p r e d i c t s  and t h a t  two-dimensional theory i s  adequate t o  p red ic t  
t h e  present  d e l t a  wing d a t a  up t o  angles of a t t a c k  of 40°. 

The spanwise d i s t r i b u t i o n s  of turbulent  heating on t h e  sharp-prow model 
a r e  presented i n  f i g u r e  52. The t h e o r e t i c a l  cutrve shown i s  based on the  
two-dimensional and three-dimensional cen te r l ine  theory j u s t  described and 
t h e  turbulent  i n f i n i t e  cy l inder  t h e o r e t i c a l  d i s t r i b u t i o n .  A curve has 
been in te rpo la ted  by 



A s  shewn, t h e  i n t e r p o l a t i o n  agress  we l l  with t h e  d a t a  when t h e  c e n t e r l i n e  
heat  t r a n s f e r  c o e f f i c i e n t  was t h e  two-dimensional value ,  a s  w e l l  a s  those 
based on t h e  three-dimensional c e n t e r l i n e  value. Again, t h e  three-  
dimensional e f f e c t  is  small, s o  t h a t  no f i r m  conclusions should be dram. 

The e f f e c t  of yaw on the  lower surface  turbulent  heat ing i s  shown i n  
f i g u r e  53 t~ be small. A l o w  angle of a t t a c k  c a s e  ( Cr! = lo0)  is shawn 
a s  an  example, s ince  yaw e f f e c t s  tend t o  be msre pronounced f o r  t h i s  
condit ion.  Although heat ing on t h e  windward s i d e  appears s l i g h t l y  h igher  
f o r  t h e  yawed condi t ion ,  t h e  increase  i s  of the  same magnitude a s  t h e  
d a t a  s c a t t e r .  This r e s u l t  was a l s o  found i n  examining the  sharp-prow 
laminar hea t ing  d a t a  ( f igure  46). 

Bluntness Effects .  - Turbulent da ta  presented i n  f i g u r e  54 show t h a t ,  
a s  wi th  t h e  laminar case ,  heat ing near t h e  nose is reduced by nose blunt- 
ness. A s  ind ica ted  by t h e  theory curves t h e  e f f e c t  of bluntness i s  much 
l a r g e r  than t h e  three-dimensional flow divergence e f f e c t ,  whereas i n  
laminar f law ( f igure  47) t h e  three-dimensional e f f e c t  dominates. Only 
one set of theory curves i s  shown, t h e  e f f e c t  of t h e  Mach number and 
Reynolds number v a r i a t i o n s  being neg l ig ib le  i n  the  normalized method of 
presenta t ion.  There i s  considerable s c a t t e r  i n  the data  near t h e  nose 
which may be t h e  r e s u l t  of f low disturbances due t o  t h e  boundary l ayer  
t r i p s .  However, it w i l l  be noted t h a t  t h e  d a t a  f o r  any p a r t i c u l a r  
Reynolds number usual ly  e x h i b i t  q u i t e  cons i s t en t  t r ends ,  and may be 
showing a c h a r a c t e r i s t i c  t r a n s i t i o n a l  flow behavior. 

Fa r the r  downstream the  d a t a  show two overa l l  t r ends :  the  lower 
Reynolds number da ta  a r e  cons i s t en t ly  h igher ,  and the  data  tend t o  rise 
r e l a t i v e  t o  the  t h e o r e t i c a l  predic t ions .  Both t rends  a re  consis tent  with 
the  expected bluntness e f f e c t s .  A t  low angles of a t t a c k  t h e  a i r  t h a t  has 
passed through the  s t rong shock created  by the  blunt  nose w i l l  remain 
near t h e  c e n t e r l i n e  of t h e  wing, and s o  may be expected t o  a f f e c t  t h e  
boundary l a y e r  f o r  a  considerable d is tance .  The e f f e c t  of t h e  s t rong 
shock i s  t o  cause much of t h e  energy of the  inv i sc id  stream t o  be t rans-  
f e r r e d  from t h e  k i n e t i c  form (velocity)  t o  i n t e r n a l  modes (temperature, 
d i s s o c i a t i o n ,  e t c .  ) reducing bothC the l o c a l  densi ty  andPvelocity.  A 
reduction i n  boundary l ayer  heat t r a n s f e r  a l s o  r e s u l t s .  Ult imately,  
however, t h e  a i r  t h a t  has passed through the  strong shock w i l l  be absorbed 
i n t o  the  boundary l a y e r ,  and t h e  bluntness e f f e c t  w i l l  disappear. The 
lower t h e  Reynolds number, t h e  th icker  t h e  boundary l a y e r ,  and hence t h e  
more rap id ly  the  bluntness e f f e c t  w i l l  be l o s t .  A t  high angles of a t t a c k  
t h e  o i l  flow data  show t h a t  the  s t reamlines  d iverge ,  and i t  i s  c l e a r  t h a t  
t h e  a i r  t h a t  passes through the  strong bow shock w i l l  be spread out over 
a much wider region of t h e  wing, and therefore  absorbed by the  boundary 
l ayer  i n  a s h o r t e r  d is tance .  The 30-degree angle of a t t a c k  data  would 
ind ica te  t h a t  the  bluntness e f f e c t  disappears i n  only about 6 nose 
diameters,  or l e s s ,  for t h a t  case, 



Cente r l ine  d a t a  from a blunt  d e l t a  wing model t e s t e d  i n  t h e  4-inch 
shock tube a r e  presented i n  f i g u r e  55. A s  shown, t h e  d a t a  a r e  i n  exce l l en t  
agreement with t h e  pp /6 theory under condi t ions  much d i f f e r e n t  from 
those  of t h e  previous f igures .  Although t h e  f r e e  stream Mach number is 
low, t h a t  t o t a l  temperature i s  much higher than i n  t h e  wind tunnel  t e s t s ,  
due t o  t h e  very high f r e e  stream s t a t i c  temperature. The s tagnat ion  
po in t  gas temperature is  ca lcula ted  t o  be 9000°R, and t h e  corresponding 
d i s s o c i a t i o n  l e v e l  is 10 percent (Z  = 1.1). Calcula t ions  used t h e  i d e a l  
gas hemisphere and sharp cone pressure  t h e o r i e s  of f i g u r e  39. 

Ef fec t  of forward ramp. - The e f f e c t  of ramp angle  on t h e  turbulent  
heat  t r a n s f e r  t o  the  c e n t e r l i n e  of a blunt-prow d e l t a  wing is i l l u s t r a t e d  
by t h e  d a t a  of f i g u r e  5 6 .  Also presented a r e  d a t a  f o r  a f l a t  d e l t a  wing 
at t h e  same angle of a t t a c h .  A s  expected, t h e  heat ing  is  always higher 
on t h e  ramp, s i n c e  t h e  ramp is  a t  a higher angle of a t t a c k  with respect  
t o  t h e  f r e e  stream flow. Heating r a t e s  downstream of t h e  ramp a r e  seen 
t o  be s l i g h t l y  l e s s  than on t h e  f l a t  wing. This t rend is a l s o  t o  be 
expected. The higher shear  fo rces  and heat ing r a t e s  on t h e  ramp imply 
g r e a t e r  l o s s e s  of momentum and energy from t h e  boundary l aye r  than on 
t h e  corresponding f l a t  d e l t a  wing, leading t o  lower heat ing  r a t e s  a f t  
of t h e  ramp. 

CONCLUDING REMARKS 

An a n a l y s i s  has been made of d e l t a  wing pressure  and heat  t r a n s f e r  
t e s t  d a t a  taken during the  X-20 program. The d a t a  were taken i n  conven- 
t i o n a l  wind tunnels ,  a shock tunnel ,  and a shock tube. Tes t  Mach numbers 
were from 2 . 2  t o  15; t e s t  Reynolds numbers per  foot  were from 2 k lo4 t o  
17 x lo6. Angles of a t t a c k  were from zero  t o  45 degrees with yaw angles 
of 0 t o  10'. Laminar and tu rbu len t  boundary layer  d a t a  were obtained. 
The tu rbu len t  d a t a  were obtained by adding t r i p s  i n  t h e  nose region of 
t h e  models. 

G I 

The bas ic  model t e s t e d  was a 73-degree swept leading edge blunt  d e l t a  
wing having equal  nose and leading edge diameters.  Lengths of t h e  models 
were from 3 t o  15 nose diameters.  Var ia t ions  about t h e  bas ic  model 
included sharp prow conf igura t ions  formed by the  i n t e r s e c t i o n  of t h e  
c y l i n d r i c a l  leading edges, sweep angles  of 68 and 78 degrees, and a 
d u a l  radius  conf igura t ion  with t h e  lower radius  t h r e e  times l a r g e r  than 
t h e  upper radius .  

Both t h e  heat ing  and t h e  pressure  d a t a  from t h e  sharp prow model 
leading edges were higher than i n f i n i t e  cyl inder  s tagnat ion  l i n e  theory 
f o r  seve ra l  nose diameters.  Leading edge heat ing and pressure d a t a  from 
t h e  blunt  prow model show good agreement with hemisphere theory a t  the  
tangent  point ,  fol lowed by a sudden decrease t o  approximately 30 percent 
l e s s  than the  cyl inder  theory. Both t h e  pressure and t h e  heat ing d a t a  
then slowly increase  toward the  cyl inder  theory. 



The s tagna t ion  l i n e  of t h e  d e l t a  wing leading edges was found t o  move 
more rapidly  with angle of a t t a c k  than predic ted  by i n f i n i t e  cyl inder  
theory ,  moving onto t h e  wing lower surface  a t  about 35 degrees angle of 
a t tack.  However, t h e  point  of maximum heating moves l e s s  rapidly  than 
predic ted  by i n f i n i t e  cy l inder  theory o r  indica ted  by da ta  defining t h e  
s tagnat ion l i n e  locat ion.  These e f f e c t s  a r e  accompanied by a reduction 
i n  t h e  maximum hea t ing  r a t e  r e l a t i v e  t o  i n f i n i t e  cy l inder  theory t h a t  
begins a t  about 15 degrees angle of a t t a c k  and increases  t o  about 30 
percent  a t  30 degrees angle of a t t ack .  The observed reduction i n  
heating r a t e  is  about t h e  same i n  laminar and turbulent  boundary layers.  
An empirical  method f o r  p red ic t ing  t h e  reduction was devised based on 
I n f i n i t e  cy l inder  theory t h a t  is i n  good agreement wi th  t h e  observed trends.  

The presence of t h e  smaller  r ad ius  on t h e  d e l t a  wing having a dual  
r ad ius  was found t o  inf luence  the  s tagnat ion l i n e  s h i f t  angle a t  small 
angles of a t t ack .  Location of maximum heat ing appears t o  coincide with 
the  flow s tagna t ion  l i n e ,  however. A t  zero angle of a t t a c k  the  maximum 
heating r a t e  is  about 10 percent  higher than i n f i n i t e  cyl inder  theory 
based on t h e  l a r g e r  r a d i u s ,  but a t  high angles of a t t a c k  heating on the  
l a r g e r  radius  was seemingly unaffected by the  smaller radius.  

A t  high angles of a t t a c k  d e l t a  wing c e n t e r l i n e  pressure c o e f f i c i e n t s  
were found t o  be we l l  predic ted  by wedge theory ,  when the  shock wave 
angle i s  based on numerical so lu t ions  of t h e  sharp d e l t a  wing flow f i e l d  
given by a c o r r e l a t i o n  formula. The p red ic t ions  a r e  i n  excel lent  agree- 
ment with observed shock wave angles f o r  both blunt  and sharp prow 
models. A t  low angles of a t t a c k  s t rong a x i a l  pressure gradients  were 
observed i n  a l l  t e s t s .  The data  a r e  i n  good agreement with predic t ions  f o r  
viscous i n t e r a c t i o n  and bluntness induced pressure e f f e c t s .  Yawing t h e  
model 10 degrees was found t o  produce s i zeab le  increases  i n  pressure and 
heating on t h e  windward s i d e ,  even a t  t h e  h ighes t  angles of a t t a c k  t e s ted .  

Aerodynamic heat ing data  from the  c e n t e r l i n e  region of the  sharp prow 
d e l t a  wings were compared t o  8 previously unpublished predic t ion method 
and were found t o  be i n  good agreement f o r  angles of a t t a c k  up t o  40 
degrees. Eigh angle of a t t a c k  laminar heat ing da ta  were well above two 
dimensional theory,  but i n  good agreement with three-dimensional theory. 
The blunt prow d e l t a  w i n g  d a t a ,  however, were i n  the  best  agreement 
with two-dimensional theory a t  a l l  angles of a t tack.  Spanwise d i s t r ibu-  
t i o n s  of laminar heat  t r a n s f e r  c o e f f i c i e n t s  i n  the  v i c i n i t y  of the  leading 
edge were compared t o  normal component theory and found t o  agree w e l l  only 
on t h e  leading edge. Inboard, t h e  data  a r e  wel l  above t h e  theory. 

Turbulent d a t a  from the  c e n t e r l i n e  region of sharp prow models a r e  a l s o  
w e l l  predicted by the  three-dimensional theory f o r  angles of a t t a c k  up t o  40 
degrees. However, the  predic ted  three-dimensional e f f e c t s  i n  turbulent  flow 
a r e  smal l ,  so t h a t  t h e  da ta  a r e  a l s o  i n  good agreement with the  two-dimen- 
s iona l  thecry. The ca lcx la t ions  show a large  e f f e c t  of bluntness on turbu- 
l e n t  heating t h a t  i s  observed a t  l o w  angle of a t t ack ,  The data  ind ica te  t h a t  
the bluntness e f f e c t s  a r e  decreased a s  the  angle of a t t a c k  i s  increased. 



THOMAS-FITZSIMMONS CONDUCTION CORRECTION METHOD 

(T-F ]METHOD) 

By A. L. Nagel, A. C. Thomas, and H. D. Fitzsimmons 

In t roduct ion  

The t h i n  s k i n  ca lor imeter  technique has proved t o  be one of the  
s imples t  and most r e l i a b l e  methods f o r  obtaining heat  t r a n s f e r  d a t a  i n  
conventional wind tunnels .  However, conduction wi th in  t h e  sk in  can o f t en  
l ead  t o  l a rge  e r r o r s  i n  evaluat ing  heat  t r a n s f e r .  The e f f e c t  i s  most 
severe when the  aerodynamic heat ing d i s t r i b u t i o n  has l a r g e  g rad ien t s ,  and 
always reduces t h e  measured heat ing r a t e  a t  po in t s  of peak heat ing.  

Although every e f f o r t  i s  made t o  uniformly cool t h e  model before each 
test,  experience has  shown t h a t  small temperature d i f fe rences  cannot be 
avoided. Even s n a l l  temperature d i f fe rences  can cause l a r g e  g rad ien t s  
over small d i s t a n c e s ,  and can g ive  rise t o  s u b s t a n t i a l  conduction r a t e s  
a t  t h e  t e s t  s t a r t .  Examples of t h e s  e f f e c t  w i l l  be shown. 

The most common method of co r rec t ing  f o r  conduction i s  t o  c a l c u l a t e  
t h e  conduction heat ing  r a t e  d i r e c t l y  from measured model s k i n  temperatures. 
However, t h i s  c a l c u l a t i o n  requ i res  the  second de r iva t ive  of temperature 
( ac tua l ly  v2  T) which i s  d i f f i c u l t  t o  obta in  accura te ly .  F i n i t e  d i f f e rence  
approximations t o  the  second d e r i v a t i v e s  can be w r i t t e n ,  but i n  app l i ca t ion  
t h i s  approach i s  sub jec t  t o  severa l  disadvantages: 1 )  c lose ly  spaced 
thermocouples a r e  r equ i red ,  2)  thermocouples a r e  required surrounding 
t h e  point  where co r rec t ion3  a r e  made, and 3)  smdll e r r o r s  i n  t h e  absolute e 

temperature measurement can lead t o  l a r g e  e r r o r s  i n  t h e  ca lcu la ted  
cor rec t ion .  

Attempting t o  overcome these  ob jec t ions ,  an e n t i r e l y  d i f f e r e n t  
approach was developed by Conti ,  re ference  25. Noting t h a t  f o r  an i n i t i a l l y  
isothermal model conduction e f f e c t s  a r i s e  s o l e l y  from uneven aerodynamic 
hea t ing ,  Cont i ,  ca lcu la ted  the  approximate temperature response of a  t h i n  
s k i n  f o r  var ious  assumed aerodynamic heat ing  d i s t r i b u t i o n s .  H i s  r e s u l t s  
a r e  presented i n  equations and c h a r t s  f o r  p l a t e s ,  wedges, cones, cy l inders ,  
and spheres ,  and a r e  use fu l  i n  designing t e s t s  s o  a s  t o  minimize conduct- 
ion e r r o r s .  :-:owever, the  co r rec t ion  of measured heat ing  r a t e s  by t h i s  
method i s  poss ib le  only i f  the  d i s t r i b u t i o n  of aerodynamic heat ing i s  
known. Usually,  however, t h e  purpose of the  t e s t  i s  t o  determine the  
aerodynamic heat ing  d i s t r i b u t i o n ,  s o  t h a t  Con t i ' s  method can be applied 



only in an iterative manner, The method also fails to account for initial 
model non-isothermalities due to unequal cooling or to flow disturbances 
at initiation of the test. 

The method described here was developed in 1960 and 1961 independently 
of Conti's work but following a similar line of thought. The method avoids 
the requirement for spatial derivatives of either the model temperature or 
heating rate, and does consider an initially non-isothermal model. The 
method is well adapted for computer programming since all calculations are 
based on temperature-time data from a single thermocouple. The method is 
currently computer programmed and in use at Arnold Engineering Development 
Center, as well as at The Boeing Company, 

Derivation 

The heat balance for a differential element of a model skin may be 
written as 

provided that the skin thickness, 7 , is sufficiently small that the 
temperature at the inside surface is not appreciably different from that 
at the outside surface. Neglecting the variation of p , c, and k with 
temperature, equation (Al) may be written 

2 
The Laplacian operator V is defined by 

In the present applications, temperature gradients through the model 
skin are neglected, so that for flat surf aces: 

where x and y are measured in the plane of the skin, and are orthogonal. 



Equation (A21 in terms of the temperature excess, 8w * above the average 
initial temperature of the model, Tw, becomes 

where 

The temperature excess, 8 is now defined to consist of two terms such 
that w ,  

With this definition, equation (A3) becomes 

Since Ga is still arbitrqry, we now require , I 

8% - - h - -  (€Jaw - 8,) + Q V  2 ea 
at - p c r  

and that 



Defined i n  t h i s  way, f) a i s  seen t o  be t h e  temperature response of the  
model i n  an i d e a l  t e s t  wherein t h e  model i s  i n i t i a l l y  exac t ly  isothermal. 
The term a v2 ea a r i s e s  only from non-unif o m  aerodynamic heat ing  and 
is c a l l e d  t h e  "impressed conduct ion. " 

From equations (A51 and (A6) it fol lows t h a t :  

From t h e  d e f i n i t i o n s  g iven,  6 i a t  t h e  t i m e  zero  i s  seen t o  r e p r  sen t  !i 
t h e  i n i t i a l  temperature d i s t r i b u t i o n .  The conduction term a V ei 
which r e s u l t s  from i n i t i a l  temperature g rad ien t s  i s  c a l l e d  " i n i t i a l  con- 
duction." It i s  seen t h a t  @ , does not appear i n  the  equation f o r  8 i. 
This separa t ion  of i n i t i a l  and impressed conduction e f f e c t s  i s  t h e  
e s s e n t i a l  s t e p  i n  t h e  development of t h e  present  method. If t h e  i n i t i a l  
model temperature d i s t r i b u t i o n  were known, 6 i could be ca lcu la ted  f o r  
l a t e r  times from equation (A7). Although 6 i is i n  genera l  not known, 
i t s  behavior can be deduced from equation (A7) a s  follows: 

A t  t h e  loca t ion  where leil i s  a t  i t s  m a x i m u m  

Equation (A8) fol lows from equation (A7), provided only t h a t  QI and h a r e  
pos i t ive .  Since leil i s  always decreasing,  then*: 

lim Bi(x, y) = 0 
t - m  

-- -. - - - -  

*In a c t u a l  p r a c t i c e ,  t h i s  l i m i t  i s  approached very quickly.  Since 
the  e r r o r  i n  da ta  reduct ion  is due t o  t h e  d e r i v a t i v e  dei/at 
r a t h e r  than t o  8 i ,  t h e  time the  e f f e c t  p e r s i s t s  i s  approximately 

whit Implies t h a t  no l a rge  e r r o r s  can be of long dura t ion  unless  6 1 
15 l a rge .  Numerical end experimental examples a re  given l a t e r .  



In  an  a c t u a l  t e s t  8 a i s  unknown and 8 I i s  known only a t  t i m e  
zero. Only the  sum 8 w ,  i s  measured and known a t  a l l  times. For t h i s  
reason it  i s  now convenient t o  introduce t h e  measured hea t  t r a n s f e r  
c o e f f i c i e n t ,  h, and the  i d e a l  hea t  t r a n s f e r  c o e f f i c i e n t ,  ha;  

Note t h a t  h, i s  not  necessa r i ly  equal  t o  the  t r u e  aerodynamic heat  t r ans -  
f e r  c o e f f i c i e n t  a t  any t i m e .  However, a t  time zero  ha i s  exac t ly  the  
t r u e  hea t  t r a n s f e r  c o e f f i c i e n t .  Therefore, ha i s  expanded about t = 0 
a s  fo l lows:  

Compare s e r i e s  (A10) with t h e  s e r i e s  

= A + B ~ + c ~ ~ + .  . . (~11) 

where the  c o e f f i c i e n t s  A ,  B ,  . . . , e t c . ,  a r e  determined by f i t t i n g  a 
curve t o  the  h, da ta .  The d iscuss ion of i n i t i a l  conduction shows t h a t  

Theref o r e ,  

lim hm = ha 
t-oo 

provided t h a t  the  curve i s  f i t t e d  i n  a  time i n t e r v a l  a f t e r  the  e f f e c t s  of 
i n i t i a l  conduction a r e  neg l ig ib le ,  

Without speci fy ing 0 i the  accuracy of approximations (A12) cannot 
be es t ab l i shed  a n a l y t i c a l l y .  The number of terms used i n  equation (All) 
must be l i m i t e d ;  otherwise,  i n i t i a l  conduction e f f e c t s  and ( in  ac tua l  
p r a c t i c e )  measurement e r r o r s  w i l l  have a la rge  e f f e c t  on the  c o e f f i c i e n t s  
of the  high order  terms. I t  has been found, both by computer s imulat ions 
and with ac tua l  d a t a ,  t h a t  the  s e r i e s  (All) should con ta in  only three  terms 
f o r  bes t  r e s u l t s .  



To summarize, the data reduction procedure by the T-F method consists 
of : 

1. Computing a history of measured heat transfer coefficients, 
hm (equation A9) . 

2. Establishing time zero, the time at which aerodynamic 
heat in. begins. 

3. Establishing a time at which initial conduction effects 
become negligible, ta. 

4. Fitting a least squares, second degree curve to the hm values 
at times greater than ta and evaluating the constant.coefficient 
h in equation (All) at time zero. 

Some examples of numerical computations and data will now be given to 
verify the foregoing analysis. 

Verification 

The rapid decay of initial'conduction with time is illustrated by 
the numerical calculations of figure 57 for a nickel slab. Initial non- 
isothermality was + - 4 O R  upon which was superimposed a flat plate heating 
distribution. Initial conduction, compared to the aerodynamic heating 
rate, is negligible in this case after about one second. This time is 
indicated in figure 57 by ta; after time ta only impressed conduction 
remains. Note that even for this small, but typical non-isothernality, 
the initial conduction is substantial. This conduction effect is governed 
by equation (A7). 

Numerical calculations illustrating the rapid increase of impressed 
conduction with time are typically shown in f lgcre  58 for a nickel leading 
edge model. Here, an initially isothermal model was exposed to a circum- 
ferential heating rate distributiqn similar to that for p delta wing 

E 
leading edge. Impressed conduction is seen to become substantial at one 
second, particularly at the shoulder where the spatial derivatives of the 
aerodynamic heating rate are large. This impressed conduction effect is 
governed by equation (A6) .  

Figure 59 illustrates the results of the T-F conduction correction 
~ethod when applied to the impressed conduction case of figure 58. The 
solid line of figure 59 is the input heat transfer coefficient distribution. 
Open symbols represent the uncorrected "data" reduced at 0.3 seconds; their 
departure from the solid line indicates the amount of impressed conduction 
error at this time. The filled symbols show the conduction corrected 
values. The input heating rate is predicted well by "data" corrected 
positively in the stagnation line region and negatively near the shoulder. 
The experimental conduction effect simulated by the computer studies of 
figures 58 and 59 is illustrated in figure 60. Here, AD461M-1 leading 



edge d a t a  a re  shown reduced a t  0.3 seconds (open symbols) and conductim 1 
cor rec ted  ( f i l l e d  symbols). I n i t i a l  conduction was present .  Pos i t ive  

8 

cor rec t ions  near t h e  s tagnat ion l i n e  a r e  again i n  evidence. A negative i I 

7.7 percent  co r rec t ion  was applied a t  t h e  shoulder location.  Typical 1 

experimental hea t  t r a n s f e r  c o e f f i c i e n t  h i s t o r i e s  f o r  t h i s  t e s t  a re  shown L 

versus  t i m e  i n  f i g u r e  61. Impressed conduction r a t e s  a re  seen t o  be A 

up t o  100 percent  per  second near t h e  lower surface apex. The s o l i d  38 
5 

l i n e  connecting t h e  d a t a  po in t s  represents  equation ( A l l ) .  9 
3 
f 

An example of da ta  severe ly  a f fec ted  by i n i t i a l  conduction i s  given 
i n  f i g u r e  62. Figure 62 (a) shows t h e  temperature h i s t o r y  taken 40 degrees 
from a spher ica l  nose s tagnat ion point .  Unsteady flow occurred during t h e  
f i r s t  0.5 seconds (shock impingement o r  tunnel  blockage), causing the  
temperature t o  rise abruptly.  A p l o t  of t h e  measured h e a t  t r a n s f e r  coef- 
f i c i e n t ,  f i g u r e  62 (b ) ,  shows i n i t i a l  conduction caused the  measured d a t a  
t o  be 4.25 t imes the  t h e o r e t i c a l  value a t  0.4 seconds. I n  f i g u r e  62 (b) 
i n i t i a l  conduction e f f e c t s  a r e  s t i l l  evident  a t  one second; i n  f a c t ,  by 
expanding t h e  s c a l e  a s  i n  f i g u r e  62 ( c ) ,  i n i t i a l  conduction i s  seen t o  l a s t  
up t o  two seconds. The T-F method applied t o  the  d a t a  i n t e r v a l  between 
2.9 and 8.9 seconds p r e d i c t s  a correc ted  heat  t r a n s f e r  c o e f f i c i e n t  about 
t h r e e  percent  from theory. In t h i s  s p e c i a l  case ,  time zero has been taken 
a s  0.5 seconds, t h e  end of t h e  unsteady flow period,  o r  t h e  beginning 
of aerodynamic heating.  It i s  pointed out t h a t  t h e  measured heat  t r a n s f e r  
c o e f f i c i e n t  h i s t o r y  before two seconds i s  not necessar i ly  t y p i c a l  i n  

t t  shape and decay time with t h a t  a t  any other  model locat ion;  any agreement" 
wi th  theory i n  t h i s  time period is f o r t u i t o u s .  Data c l o s e r  t o  t h e  
s t agna t ion  p o i n t ,  but having s i m i l a r  i n i t i a l  conduction, w e r e  used t o  make 
t h e  s t a t i s t i c a l  accuracy study shown i n  f i g u r e  5 under DATA APPRAISAL. 

P r a c t i c a l  Application 

Depending upon the  f a c i l i t y ,  t i m e  zero  may be t h e  time the  model 
reaches the  edge of t h e  tunnel  co re ,  the  time flow i s  es tabl ished over 
t h e  model o r ,  i f  t h e  model exposure t i m e  is s h o r t ,  simply t h e  time a t  
which the  t e s t  i s  i n i t i a t e & .  Unless the  impressed conduction r a t e s  a re  - 
extremely h igh ,  small e r r o r s  i n  time zero  (possibly 1/4 t o  1/2 second) 
a r e  acceptable.  Establishment of t a ,  the  time a t  which i n i t i a l  conduction 
e f f e c t s  become n e g l i g i b l e ,  i s  somewhat more a rb i t r a ry .  Examination of 
t y p i c a l  measured heat  t r a n s f e r  c o e f f i c i e n t  h i s t o r i e s  w i l l  genera l ly  d i sc lose  
a time a t  which only impressed conduction i s  present.  If i n i t i a l  conduc- 
t i o n  e f f e c t s  a r e  weak, l i t t l e  accuracy i s  l o s t  by picking an a r b i t r a r y  
time f o r  ta of t h e  order of 0 .5  t o  one second. The method of computing 

JTw /at was discussed previously i n  t h i s  report  under DATA REDUCTION. 
I t  is  genera l ly  necessary t o  compute h, over the  i n i t i a l  conduction time 
period i n  order  t o  help e s t a b l i s h  time t,. The i n i t i a l  conduction af fec ted  
values  of & may then he l e f t  unused i n  the curve f i t t i n g  process of 
equation (Al l ) .  If t h e  h ,h i s to ry  i s  subs tan t i a l ly  l i n e a r  i n  time or 
e x h i b i t s  excessive experimental s c a t t e r  or  i r r e g u l a r i t y ,  i t  is more 
p r a c t i c a l  t o  s u b s t i t u t e  a l i n e a r  l e a s t  squares curve f i t  f o r  equation (All) .  



If the  hg his tory  is highly curved o r  the i n i t i a l  conduction severe, 
the  demands upon the leae t  squares technique t o  define equation (All) re- 
quire  accurate da ta  over a longer t i m e  period. The use of a th i rd  or  
higher degree curve f i t  i n  an attempt t o  account f o r  higher t e r m  i n  
equation (All) has been found unsatisfactory. The data  s c a t t e r  o r  
i r r egu la r i t y  usually present i n  the  hm h is tory  is interpreted i n  the  
f e a s t  squares calculat ion as  ac tua l  curvature. Highly erroneous correc- 
t i ons  may appear. The possible advantage, therefore ,  is limited by 
p rac t i ca l  problems. 

Last ly ,  the T-F conduction correction method does not eliminate 
the  usual requirements upon the  experieaentalist f o r  good judgment and 
"custom" care  i n  the  handling of exper imntal  heat t r ans fe r  data. The 
method, however, does provide a useful tool  f o r  s ign i f ican t ly  improving 
heat t r ans fe r  da ta  qua l i ty ,  even i n  data severely affected by conduction. 

Temperature Extrapolation 

The essence of the method described so f a r  i s  the representation of 
impressed conduction a s  a power s e r i e s  i n  time. Since the conduction i s  
actual ly  a function of temperature ra ther  than time, it appears tha t  the 
var ia t ion  of hm with temperature would be more nearly l inear  then the 
t i m e  s e r i e s  (All). Also, the extrapolation against temperatures has a 
wel l  defined end point ,  the  i n i t i a l  temperature, avoiding t h e  aforemention- 
ed uncertainty i n  time zero. 

In prac t ice ,  there appears t o  be no clear-cut improvement with the 
temperature extrapolation process, however. In most cases the h, versus 
temperature curve i s  s l i gh t ly  more l i nea r  but no large change i n  the 
corrected heat t ransfer  coeff ic ient  is  observed. The small difference 
tha t  has been observed usually increases the  corrected heat t ransfer  
coef f ic ien t  s l i g h t l y ,  a s  i l l u s t r a t e d  by the  comparison of f igure  63. It 
i s  seen tha t  s ca t t e r  of the corrected data i s  essen t ia l ly  the same; the 
mean value i s  about 3% higher acc,ording t o  the temperattare extrapolation - 
process. 

A sample hm versus temperature curve i s  shown i n  f igure  64. Figure 
64 i s  f o r  the same data  as. f igure  62 (c) . 



LAMINAR AND TURBULENT P r  p r  HEAT TRANSFER b%THOD 

The p r  p r  method used f o r  t h e o r e t i c a l  predic t ions  throughout t h i s  
r e p o r t  was developsd by Richard A. Hanks i n  the  collrse of the  X-20 program. 
The method is based on the  i n t e g r a l  form of the  boundary l a y e r  momentum 
equation.  This equation i s  transformed i n t o  &R equivalent  incompressible 
form t h a t  is then solved t o  y i e l d  a genera l ized  equation t h a t  inc ludes  
t h e  usual  boundary l a y e r  th ickness  and form f a c t o r s  a s  undetermined func- 
t i o n s .  For laminar flow these  func t ions  were evaluated by equating the  
genera l ized  equation t o  exact  numerical so lu t ions  of t h e  d i f f e r e n t i a l  
equations f o r  s e l f - s i m i l a r  boundary l aye r s .  Two apparently universa l  
boundary l a y e r  funct ions  were evaluated t h a t  allow a genera l  hea t  t r a n s f e r  
equat ion  t o  be w r i t t e n  t h a t  agrees with e s s e n t i a l l y  a l l  of t h e  exact  
s i m i l a r i t y  s o l u t i o n s  t o  wi th in  about 3 percen t ,  including t h e  e f f e c t s  of 
f l u i d  property v a r i a t i o n s ,  f i n i t e  streamwise and crossflow pressure  
g r a d i e n t s ,  and s t reamline  divergence. The two funct ions  a r e :  

1. a r e fe rence  value of t h e  dens i ty-viscos i ty  product p ,  F ,  
t h a t  depends only on the  dens i ty-viscos i ty  products evaluated 
a t  t h e  w a l l ,  edge, and s t agna t ion  en tha lp ies ,  and 

2. a boundary l aye r  p r o f i l e  parameter,  r , t h a t  depends only on 
the  dens i ty  evaluated a t  a l i n e a r  combination of the  wa l l ,  edge, 
and s t agna t ion  en tha lp ies .  

No a n a l y t i c  expressions f o r  these  funct ions  were der ived,  and a l l  r e s u l t s  
i n  t h i s  r epor t  were ca lcu la ted  with the  a i d  of curves given i n  t h i s  appen- 
d ix .  Recently, however, simple expressions have been found t h a t  agree 
c l o s e l y  with the  p l o t t e d  curves. 

The extens ion t o  tu rbu len t  flows was guided by the  laminar r e s u l t s ,  
phys ica l  cons ide ra t ions ,  and comparisons with experimental r e s u l t s .  The 
funct ions  pr P r  and r   are re ta ined  i n  t h e  tvrbulent  flow method, and 
a r e  equal  t o  the  laminar values.  However, the  expressions used t o  calcu- 
l a t e  t h e  heat ing  a r e  of course somewhat d i f f e r e n t ,  and s o  the  e f f e c t s  of 

p r  pr  and I' on the  heat ing r a t e  a r e  a l s o  somewhat d i f f e r e n t .  The 
genera l  form of t h e  bas ic  momentum i n t e g r a l  equation allows turbulent  
flow heat  t r a n s f e r  d a t a  from d i f f e r e n t  sources t o  be compared on a consis-  
t e n t  and systematic bas is .  During t h e  X-20 program extensive comparisons 
t o  experimental d a t a  were made i n  which no d a t a  were consciously ignored. 
The method described here  r e f l e c t s  those  comparisons. Although the  
d e r i v a t i o n  given i s  r e s t r i c t e d  t o  t h e  v i c i n i t y  of a plane of symmetry, 
t h e  r e s u l t i n g  expressions have been applied t o  i n f i n i t e  cyl inder  d i s t r i -  
butions with good r e s u l t s .  

The following discuss ion descr ibes  the  nethod a s  it is  now programmed 
f o r  d i g i t a l  computers and a s  it was used i n  the  preparat ion of t h e  present  
r epor t .  Some modificat ions of the  method have been made under NASA contrac t  



NAS8-11321 which a re  not included i n  the present calculations.  These 
modifications are  primarily f o r  flaw conditions other than those of the 
da ta  discussed i n  t h i s  repor t ,  and do not lead t o  appreciable numerical 
differences here. Further information regarding the l a t e r  modifications 
may be obtained from reference $0. The following description of the  
derivation and application of the  method is  i n  s i x  pa r t s :  

1. Derivation of a general form of the boundary layer momentum 
in tegra l  equation. 

2. Transformation of the in tegra l  equation t o  an equivalent 
incompressible form. 

3. Correlation of exact laminar solutions.  

4. Evaluation of turbulent boundary layer parameters. 

5. Combined laminar and turbulent method. 

6. Summary of method and simplif led equations. 

A derivation of the  boundary layer momentum in tegra l  equation i n  a 
general curvi l inear  coordinate system w i l l  now be given. The derivation 
is r e s t r i c t ed  t o  t he  v i c in i ty  of a plane of symmetry a s  well a s  by the 
usual boundary layer assumptions. A control  volume i s  defined as  shown 
i n  the sketch below: 



The length elements i n  the  x and z d i rec t ions  a re  unity. However, the  
length element f o r  y i s  determined by the function g = g (x), which 
is  considered a rb i t r a ry  (subjeck t o  the  r e s t r i c t i o n  tha t  dg/dx remains 
f i n i t e ) .  Later i t  w i l l  be seen t h a t  i n  some cases the  most convenient 
choice of g i s  determined by the shape of the  body under consideration. 
The height of the control  volume, h ,  is constant and must be la rger  
than the boundary layer  thickness but is  otherwise arbi t rary.  The surface 
y = 0 coincides with the s t r a igh t  streamline; hence v = 0 when y = 0. 
IJmever, v i s  not necessari ly zero nor even constant on any other surface 
of constant y. 

Mass conservation.- The mass entering the control  volume through the 
surface x = x l  i s  given by: 

The mass leaving a t  x = x + A x  is given by a s imilar  expression. 
Expanding i n  a Taylor s e r j e s ,  and re ta ining only the  f i r s t  order term 
y ie lds  : 

6 /. 

so t h a t  the  mass remaining within the control  volume is:  

Applying t h i s  technique over a l l  s i x  surfaces of the control  volume, and 
requiring steady flow, yie lds:  (B3) 

z =h 

z =o 
Since w(9) = 3 there r e s u l t s  i n  the l i m i t  as Ax and Ay approach zero: 

h 
a - (B4) 

ax P V ~ Z  + p., W, = o 



x-momentum.- In a similar manner the following expression for x-mo~aen- 
tua I& obtained: 

Combining(B5)with the previous result for mass conservation; and noting 
that 7 (h) = 0: 

Introducing the usual boundary layer thickness parameters: 

momentum thickness 
8 = [ t[$ -($y 

displacement thickness P h I \ 

crossf low momentum thickness ratPo 

leads to the following expression for" AX and A Y approaching zero: 



Definition of g(x).- Since the definition of g ie still arbitrary, it 
seems desirable to make a definition that will simplify equation (B8) if 
possible. It might appear that if g were selected such that ve r 0 
(i.e., streamline coordinates) the last term would be made zero also. Such 
is not necessarily the case however, since V e  is a divisor in the 
definition of E . It will be seen that in the limit for small y, the 
product 

becomes 

An additional condition, av. / ay r 0 does cause this term to go to zero. 
An examination of the complete boundary layer differential equation shows 
that av / 3y a 0 occurs only if 

and 

a2 p/3y2 = 0 

These conditions are met only if the body is: 1) two-dimensional, or 2) 
axisymmetric and at zero angle of attack. In both cases the surfaces y = 
constant follow streamlines if g a r , the local body radius. In the 
case of an axisymmetric body at angle of attack the streamlines will not 
follow surfaces of constant y however. The additional divergence is 
denoted by f, defined by 

f a x  u e g a y  

where v is measured with respect to the y, x coordinate system. In terms 
of r an8 f equation (B8) becomes 



Phys ica l ly ,  t h e  term r may a l s o  be thought of a s  s treamline divergence due 
t o  body shape while t h e  term f r epresen t s  s treamline divergence due t o  
t r a n s v e r s e  pressure  gradients ,  The q u a n t i t i e s  r and f a r e  r e l a t e d  by 

rf*d (J39A9 
where is t h e  t o t a l  d i s t ance  between any two streamlines. In the  absence 
of t r ansverse  pressure g rad ien t s  t h e  f i n a l  term i n  equation (B9) w i l l  be zero. 

TELANSFORlYlATION OF THE MOMENTUM INTEQRAL EQUATION 

In order t o  obta in  a more u s e f u l  form of t h e  momentum equation (B3.0) a 
modifiedlstewartson transformation suggested by Mager ( r e f ;  2 7 )  i s  adopted 
i n  which: x 

Pr I r  dx x = s F- 
0 Po P o  

where X ,  Y, Z ,  U and V are t h e  transformed coordinates and ve loc i t i e s .  
The s t agna t ion  values of dens i ty  and v i s c o s i t y ,  Po and Po , a r e  required 
t o  be cons tan t ,  and F is an unspecif ied func t ion  of x only. With these  
d e f i n i t i o n s ,  the  momentum thickness ,  sk in  f r i c t i o n  a t  the  wa l l ,  and heat  
t r a n s f e r  r a t e  i n  t h e  transformed coordinate system nre,respectively:  

The transformed momentum i n t e g r a l  equation becomes 



- 
i n  which A = 2 + af ; E and A are - unchanged by t h e  t r ans f  ormation . 

8 
Solut ion of t h e  t ransf  ormed i n t e g r a l  equation. - It is  assumed t h a t  

the  local f r i c t i o n  coef f i c ien t  i n  the transformed plane  i s  given by 

Equation 0313) is  subs t i tu ted  i n t o  equation (BIZ) y ie ld ing an equation 
of t h e  form: 

which becomes a l i n e a r  f i r s t  order equation with t h e  change of va r iab le :  

The s o l u t i o n  obtained is: 

In t h e  untransf ormed phyaicEal p lane ,  (B14) is : 

1 -m - A+m -1 

Neither po nor F appear  i n  t h i s  equat ion,  and t h e i r  d e f i n i t i o n s  a r e  
the re fo re  immaterial.  



Rereabering t h a t  C m  , 8 ,  and f i e  are assumed t o  be independent of x , 
and de f in ing  

m - 1 - 
C" = cm m+l (z) m+l 

@IS) can then be reduced t o :  

Noting t h a t  t h e  quan t i ty  wi th in  t h e  brackets  i n  t h e  denominator on t h e  
r i g h t  hand s i d e  h a a t h e  u n i t s  of length ,  w e  can def 
1 m5T - 

dx (BIB) 

1 
where the  subsc r ip t  1 i n d i c a t e s  evaluat ion a t  t h e  current  point  of 
i n t e r e s t  X I  . A l l  effects due t o  flow three-dimensionality, streamwise and 
t ransverse  p ressure  g rad ien t s ,  and upstream h i s t o r y  a r e  now included i n  
Seq , i f  prMr is  assumed t o  be independent of these  phenomena ( the 
v a l i d i t y  or t h i s  assumption w i l l  be demonstrated subsequently). Thus Seq 
can be considered t o  be theHequivalent  f l a t  p l a t e  distance" f o r  sk in  

f r i c t i o n  a t  the  point  of i n t e r e s t  xl. 

with @la), (1317) can be rewr i t t en :  



which is  i d e n t i c a l  i n  form t o  t h e  corresponding expression f o r  lor speed 
f l a t  p l a t e  f low, 

T 
m - 

One approach t o  t h e  s o l u t i o n  of a  boundary l a y e r  i n t e g r a l  equation,  such 
a s  developed i n  t h e  preceding ana lys i s ,  involves the  assumption and in te -  
g r a t i o n  of boundary l ayer  p r o f i l e s  t o  ob ta in  t h e  required boundary l a y e r  
th ickness  parameters (see ,  f o r  ins tance ,  Beckwith and Gallagher ( ref .  28). 
In t h a t  approach it i s  necessary t o  de r ive  t h e  energy equation corres-  
ponding t o  (B15). An a l t e r n a t i v e  method i s  used here ,  wherein a genera l  
form of Reynolds analogy is assumed 

It is of course w e l l  known tha t  t h e  Reynolds analogy f a c t o r  $ has t h e  value 
un i ty  f o r  constant  proper ty ,  u n i t  Prandt l  number, f l a t  p l a t e  flew, It 
w i l l  be subsequently demonstrated t h a t ,  i n  t h e  presence of more r e a l i s t i c  
gas  p r o p e r t i e s ,  d is  f o r  laminar f l a t  p l a t e  flows s t i l l  a funct ion only of 
t h e  Prand t l  number and ( i n  d issocia ted  flow) the  L e w i s  number. For conve- 
nience denoting these  f l a t  p l a t e  flaw func t iona l  r e la t ionsh ips  by Fpr 
and respec t ive ly ,  (B21) is rewr i t t en  

where t h e  f a c t o r  S incorporates a l l  e f f e c t s  of flow three-dimensionality, 
streamwise and t r ansverse  pressure g rad ien t s ,  and upstream h i s to ry  on 
Reynolds analogy. 

Combining (B17), (B18) and (B22)leads t o  : 

Since Seq includes a l l  e f f e c t  of flow h i s t o r y  and pressure gradient  on 
sk in  f r i c t i o n ,  and S performs a s i m i l a r  funct ion on Reynolds analogy, 
t h e  d e f i n i t i o n  of an equivalent  d i s t ance  f o r  heat  t r a n s f e r  suggests i t s e l f .  
Accordingly, we def ine  



leading t o  a general expression for heat transfer of the form 

Means of evaluating the various parameters appearing In (B25)az-e presented 
i n  the following sections. 



EVALUATION OF LAMINAR BOUNDARY LAYER PARAXETERS 

Exact solut ions  of the s imi la r i ty  form of the  laminar boundary layer  
equations were used t o  evaluate the  parameters appearing: i n  equation (B25). 
This was done i n  an orderly manner, beginning with two-dimensional constant- 
property constant-pressure flow, and progressing t o  the most complex condi- 
t i ons  f o r  which exact solutions a r e  available.  The evaluations determined 
from the simpler cases were retained o r  amplified i n  analyzing the more 
complex cases. Thus, the  constant C f o r  laminar flow i s  always taken t o  
be 0.33206, the  value given by Roxarth i n  reference 29 f o r  incompressible 
f l a t  p l a t e  flow, The e f f e c t s  of pressure gradients ,  wall cooling, e t c , ,  
a re  accounted f o r  i n  other  terms of equation (B25). 

In scnne cases a l te rna t ive  def in i t ions  were possible. For example, 
t h e  authors of references 32 and 35 incorporated ( in  e f f ec t )  pressure 
gradients  i n t o  t he  term p , ~ ,  appearing i n  equation (BlO), while i n  
the  present formulation such e f f ec t s  appear i n  the  equivalent distance,  

Gq. The l a t t e r  de f in i t i on  i s  t o  be preferred a s  the  former cannot be 
made consistent with the r e su l t s  of reference 30, which presents solutions 
f o r  various pressure gradients ,  but with P /J held constant. The defini-  
t i ons  used here were adopted only a f t e r  an examination of several possible 
a l te rna t ives .  The c r i t e r i a  f o r  select ion were consistency between the  
r e s u l t s  of the various special  cases,  consistency with physical considera- 
t i ons ,  accuracy, s implic i ty ,  and freedom from interdependencies. 

General considerations.- A s  a matter of physical consistency, it i s  
required tha t  i f  the  f l u i d  properties P and a re  constant through the 
boundary layer ,  the  reference values of the  f l u i d  properties be equal t o  
those constant values. This principle i s  extended t o  constant products 
a s  wel l ,  i . e . ,  it is required that  when i n  a given numerical calculat ion,  
e .g . ,  references 30 and 31, the product of density and viscosi ty  i s  held 
constant a t  some base value (usually the  wall) the  reference density 
viscosi ty  product p,  p ,  must a l so  be equal t o  t ha t  base value. The 
functions Fpr and a re  equal t o  1.0 when rJ and N u  are  equal t o  1.0, and 
8 = 1.0 f o r  idea l  gases. Also, i n  f l a t  p la te  flow the equivalent distance 

is equal t o  the  physical distance from the leading edge. 

Two-Dimensional Flat  Plate  Flow 

The special  case of two-dimensional f l a t  p l a t e  flow i s  examined f i r s t  
since the e f f ec t  of f l u i d  property var ia t ions  within the boundary layer  
can be examined without the addit ional complexity of streamwise variations.  
For the case of constant f l u i d  properties the solutions of Howarth show 
t h a t  m = 1 and C, = ,332, so tha t  equation (B25) becomes 



where (B27) fol lows from t h e  p r i n c i p l e s  s t a t e d  under "General Considerations". 
For t h i s  s p e c i a l  case t h e  only undetermined quant i ty  i s  t h e  Reynolds 
amlogy  f a c t o r s  and Fpr . Note t h a t  t h e  reference s tagnat ion v i s c o s i t y ,  

Po 
, no longer appears. 

Reynolds analogy fac tors . -  The Prandt l  number e f f e c t  on Reynolds 
ana1-y i n  f l a t  p l a t e  flow, usua l ly  g iven a s  % = (3 2/3 f o r  constant  U , 
i s  s l i g h t l y  b e t t e r  represented by v *645 a s  may be seen i n  f i g u r e  65. 
Following t h e  p r a c t i c e  of reference  32,  f o r  example, t h e  Prand t l  number 
e f f e c t  i s  cor re la ted  i n  terms of 0 ,  t h e  p a r t i a l  Prandt l  number f o r  
t r a n s l a t i o n ,  r o t a t i o n ,  and vibra t ion.  

For va r iab le  Prandt l  number t h e r e  i s  an uncer ta in ty  a s  t o  which value 
should be used i n  c o r r e l a t i n g  i ts  e f f e c t .  A l l  so lu t ions  i n  the  l i t e r a t u r e  
f o r  which t h e  Prandt l  number i s  va r iab le  a l s o  involve va r iab le  p p  , 
s o  t h a t  p  p i s  not  necessa r i ly  equal  t o  p e p ,  . For such cases  it 
was found t h a t  t h e  Prandt l  number should be evaluated a t  t h e  enthalpy and 
pressure  corresponding t o  prpr . This value of t h e  Prandt l  number i s  
h e r e a f t e r  denoted a s  Or . The adequacy of t h i s  evaluat ion i s  demonstrated 
by the  agreement of t h e  t h r e e  s e t s  of ca lcu la t ions  presented i n  f i g u r e  65, 
which a l s o  serves t o  e s t a b l i s h  t h e  lack of dependency of  Fpr on anything 
o the r  than Ur. 

With the  Prandt l  number e f f e c t  co r re la ted  i n  t e r n s  of t h e  p a r t i a l  
Prandt l  number the  e f f e c t  of energy t r anspor t  by d i f f u s i o n  must be t r ea ted  
separa te ly .  This e f f e c t  was f i r s t  ca lcula ted  by the  authors of reference 32, 
wherein t h e  expression 

was found t o  agree well  with exact  so lu t ions  f o r  NL, = 1.4, i n  s tagnat ion 
point  flow. I n  high Mach number f lows,  however, equation (B28) may predic t  
a  s i g n i f i c a n t  d i f fus ion  e f f e c t  under condit ions f o r  which no d i s soc ia t ion  
a c t u a l l y  e x i s t s ,  s ince  the  temperatures within the boundary l a y e r  a r e  always 
w e l l  below the  s tagnat ion value. To avoid t h i s  inconsistency,  equation (B28) 



was modified t o  opera te  on t h e  l o c a l  s t a t i c  enthalpy,  r a t h e r  than the  
s t agna t ion  value. The modified expression,  

of course reduces t o  ( ~ 2 8 )  f o r  s tagnat ion point  flow. Equation (R29) 
was used f o r  a l l  c a l c u l a t i o n s  i n  t h e  present  r e p o r t ,  although l a t e r  
pub l i ca t ions ,  reference  34, f o r  example, ind ica te  t h a t  equation (B29) 
overest imates t h e  heat ing r a t e  by 5 t o  10% i n  some cases.  

Reference densi ty-viscos i ty  product.- The reference  densdty-viscosity 
product was f i r s t  evaluated f o r  zero Mach number with var ious  degrees of 
w a l l  cool ing using t h e  so lu t ions  of references 33, 35, and 36, and some 
unpublished so lu t ions  by Ralvorson and Cassmeyer of The Boeing Company, 
a s  shown i n  f i g u r e  66. 

For edge Mach numbers g r e a t e r  than zero  it was found t h a t  the  reference 
densi ty-viscos i ty  product p , p ,  can be represented a s  a funct ion only 
of P e  Cce , P pw and pS,  pS1  , where t h e  l a t t e r  is  t h e  density-viscos- 
i t y  product evayuated at s tagnat ion enthalpy but t h e  l o c a l  pressure. Using 
t h e  so lu t ions  of references  33 and 35 an e f f e c t i v e  edge value of P C (  was 
determined t h a t  allows t h e  use of f i g u r e  66 f o r  Mach numbers o ther  than 
zero. The e f f e c t i v e  p ~1 product (pe M e )  eff was found t o  be a funct ion 
of p p , and P e  pe only. The curve t h a t  de f ines  t h i s  r e l a t i o n  is  
given I n  A g u r e  67 (a) .  ~ l l  of t h e  so lu t ions  discussed s o  f a r  a r e  w e l l  
represented by t h e  f a i r e d  curve of f i g u r e  66 when p l o t t e d  agains t  ( *p  M e  ) ef 
P S  m8 y be seen i n  f i g u r e  67 (5). 

S~bsequent  inves t iga t ions  described below have shown t h a t  p r  gr 
is  indegecdent of pressure  gradients .  The values of p ,  /Jr obtained from 
f lgcxzs  66 and 67 were used f o r  a l l  ca lcu la t ions  appearing i n  t h i s  repor t .*  

Pressure Gradient Ef fec t s  - Similar  Flows 

Referring t o  equation 03251, and r e c a l l i n g  t h e  e a r l i e r  comment t h a t  
Cx, m , Fpr and $ a r e  by d e f i n i t i o n  taken a s  t h e  f l a t  p l a t e  values it is 
see2 t h a t  a11 7ressure gradient  e5 fec - t~  are r e f l e c t e d  i n  p ,  U r  and Xeq . 
-7 nhess e f f e c : s  c p n  be evaluated f o r  sjmilsr flows from the  solucion published 
( f o r  e x a ~ l p i r )  In references  30 ~ n d  3 5 ,  wnlch consider streamwise pressure 
gradient:, * r d  references  31 ar.d 34 akicjl consider cross-flow pressure 
gradie-i t  3 

--- - ------- ---- ---- --  
+I~-C+*~I I  I.: s m e  s i m p l e  ~ Y ~ - = S ~ F C Y I B  ha:,* wen found which a::.-raximate 

c u r ~ + s  of f l g u r e s  66 ~ r l d  68 c lose ly .  The expressions a r e  given in the  
f i n a l  sec t ion  of t h i s  appendix. 



Beginning with the simplest possible case, two-dimensional flow of 
an ideal gas with unit Prandtl number, and the viscosity proportionel to 
temperature, the equivalent distance effects can be isolated. Since pp 
is always equal to pe p, ,  P r  p r  is also equal to pe M e  . (Note 
that p @ is not necessarily constant through the flow field, but varies 
with the local boundary layer edge pressure.) With these values incor- 
porated, the equivalent distance expression (B24), is reduced to 

In equation (B30 
in P e P e U e  t 

gradient effects 

the term (P u,)reflects th f cts of upstream variations 
while the terms s2 and ue 9 cx-i-f f account for local pressure 
on the boundary layer profiles. 

Equation (B30) can be evaluated if S and A are known, and although 
laborious, they could be determined from the numerical solutions. For- 
tunately, specific evaluation of these parameters has proven to be unnec- 
essary, since a convenient simple correlation has been found for the 
combined effect of S and ueA'l, which may be written as 

where @ is the dimensionless pressure gradient parameter similar to that 
defined by the authors of reference 30. * The profile parameter 1' is a 
single valued function of a mean boundary layer density, pm , calculated 
by 

Subsequent investigations of exact solutions for nonunit ?randtl number and 
nonlinear viscosity laws have shown that expressions of the form of (~31) 
are valid for these more complex conditions as well, either for two-dimen- 
sional flows with streamwise pressure gradients, or for yawed cylinder flow. 
The expressions finally developed are: 

*The definition of @ is given in equation (B41). 



and a genera l i za t ion  of 031) - 

and 

where t h e  subsc r ip t s  "st' and "c" a r e  introduced t o  d i s t i n g u i s h  between 
streamwise and crossf  low pressure g rad ien t s ;  it should be noted t k a t  JL 
is concerned only with streamwise pressure gradient  e f f e c t s  and E, only 

L -  - with  crossflow e f f e c t s ;  a l s o  note t h a t  JL = 1.0 f o r  f l s  = 0 and EL 
= 1.0 f o r  = 0. 

The funct ion i s  given f o r  e i t h e r  s t r e w i s e  o r  crossflow pressure 
g rad ien t s  by t h e  curve of f i g u r e  68 a s  a single-valued funct ion of a 
parameter 2 defined by: 

f o r  streamwise pressure  g r a d i e n t s ,  and a s  

f o r  crossflow pressure  gradients .  The subscr ip t  "m" denotes evaluation 
a t  a  mean boundary l ayer  enthalpy,  defined by: 



and 

The second e q u a l i t y  i n  equations (B37) and (338) fol lows from t h e  condi t ion  
of constant  pressure  across  t h e  boundary l a y e r  ( a l l  evaluations a r e  made 
a t  t h e  l o c a l  pressure) .  Again, @37) through (B40) a r e  the  genera l i za t ions  
of equations (B31) and ( ~ 3 2 ) .  

While f i g u r e  68 and equations (B34-40) were developed s o l e l y  on t h e  
b a s i s  of providing t h e  bes t  f i t  t o  t h e  ava i l ab le  d a t a  within t h e  framework 
of t h e  form of equation (931) t h e  obvious s i m i l a r i t y  of (B39-40)to t h e  
var ious  reference  en tha lp ies  appearing i n  t h e  l i t e r a t u r e  provides some 
a n a l y t i c a l  j u s t i f i c a t i o n  f o r  these  corre la t ions .  

The streamwise pressure  gradient  parameter f i  is  here in  defined a s :  

With a minor modificat ion t o  the  d e f i n i t i o n  of G q , ~  ( to  be discussed 
i n  t h e  next s e c t i o n ) ,  it i s  e a s i l y  shown t h a t  t h i s  d e f i n i t i o n  of B s  
is i d e n t i c a l  t o  t h e  corresponding parameter of reference  34. In t h e  present  
r epor t  /3 c i s  evaluated only f o r  yawed cy l inder  f l m ,  i n  which case P C  = 
1.0 ,  a l s o  cons i s t en t  with t h e  r e s u l t s  of reference 34. Except a s  otherwise 
noted i n  t h e  t e x t ,  a value  of un i ty  was used f o r  a l l  leading edge theory 
c a l c u l a t i o n s ,  while a value of zero (corresponding t o  E = 1.0) was assumed 
f o r  lower surface  theory ca lcu la t ions .  

The exponent Or i n  equations (B35) and 0 3 6 )  i s  given by 

which i s  a l s o  based on f i t s  t o  t h e  so lu t ions  of references 30, 31, 32 and 
34. The accuracy obtained through the  use of equations @33) through 
0342) i s  i l l u s t r a t e d  i n  f i g u r e  69,  where in~so lu t ions  from references  30 
and 34 a re  presented i n  t e r m s  of I ' and , A s  may be seen by comparing 
t h e  spread of t h e  individual  numerical so lu t ions  wi th  t h e  indicated e r r o r  
band, t h e  present  method provides exce l l en t  agreement with a l l  so lu t ions .  



The equat ions  presented i n  t h i s  sec t ion  have a l l  been developed from 
s i m i l a r i t y  s o l u t i o n s  t o  t h e  boundary l a y e r  equat ions ,  and so  a r e  s t r i c t l y  
appl icable  only i n  those s i t u a t i o n s  f o r  which s i m i l a r i t y  appl ies .  However, 
based on d i scxss ions  given i n  references  34 and 35, it i s  t o  be expected 
t h a t  the  same c o r r e l a t i o n s  could provide good es t imates  f o r  nonsimilar 
flow condi t ions  a s  w e l l ,  provided t h e i r  streamwise v a r i a t i o n s  a r e  taken 
i n t o  account. This  has  been done by incorporat ing t h e  f a c t o r  JL 
appearing i n  equation (B35) i n t o  t h e  integrand. The expression f o r  
equivalent  d i s t a n c e  then becomes:* 

It is  e a s i l y  seen t h a t  f o r  s i m i l a r  f lows,  wherein JL i s  constant ,  (B43) 
reduces t o  (B34). Evaluated f o r  two-dimensional flows (f S 1.0) the  
use of (343) i n  (B41) r e s u l t s  i n  a d e f i n i t i o n  of Ps i d e n t i c a l  t o  t h a t  of 
reference 34, while t h e  use of (334) i n  provides a value of #? 
t h a t  corresponds t o  t h e  " loca l  s i m i l a r i t y "  approach of reference 35, 
wherein t h e  upstream h i s t o r y  of p r o f i l e  e f f e c t s  a r e  neglected ( t h a t  is ,  
t h e  boundary l a y e r  p r o f i l e s  a r e  assumed t o  ad jus t  instantaneously t o  t h e  
l o c a l  pressure  g rad ien t ) .  

- 
Equation (B43) assumes t h e  crossflow parameter EL t o  be independent 

of streamwise pressure  gradient  e f f e c t s ;  however, t h e  presence of the Ps 
crossflow terms i n  the  r e s u l t i n g  d e f i n i t i o n  of 8 s  provide a coupling between 
t h e  t r ansverse  and streamwise pressure  gradient  e f f e c t s ,  a s  might be 
expected. The o v e r a l l  e f f e c t  predic ted  i s  i n  q u a l i t a t i v e  agreement with 
t h e  r e s u l t s  of reference  37; unfor tunate ly ,  the  d i f f i c u l t y  of r e l a t i n g  
t h e  c o r r e l a t i n g  parameters of t h a t  reference t o  t h e  present  system has 
s o  f a r  prevented q u a n t i t a t i v e  comparisons. 

F i n a l l y ,  f o r  t h e  general  case of curved streamlines (i. e. , away from 
a l i n e  of symmetry), it is  assumed t h a t  t h e  foregoing ana lys i s  and corre la-  
t i o n s  a re  v a l i d  i f  t h e  d i s t ance  parameter x i s  taken t o  be measured along 
t h e  streamline.  A s  previously noted,  t h e  d e f i n i t i o n  of f l  f o r  the  general  
case is obscure, and a l l  ca lcu la t ions  he re in  - other  than leading edge values ,  
have been made on t h e  b a s i s  of 8, = 0 (EL= 11, which corresponds t o  t h e  
I t  zero  crossflow" method of reference 38 a s  f a r  as  three-dimensional e f f e c t s  
a r e  concerned. A l l  present  ca lcu la t ions  do r e t a i n  the  e f f e c t  of streamwise 
pressure g r a d i e n t s ,  however. 

*??ate t h a t  by these d e f i n i t i o n s  fl and JL a r e  i n t e r r e l a t e d ,  so  
t h a t  an i t e r a t i v e  method i s  required  f o r  t h e i r  evaluat ion,  a s  a l s o  s t a t e d  
i n  reference  34. 



TURBULENT FLOW 

mere a r e  no exact calculat ions  of turbulent boundary layer  flow, so  
t h a t  a development of t h e  type j u s t  given is  not possible. However, equa- 
t ion @25) s t i l l  serves t o  iden t i fy  the  important parameters, and provides 
a basis  f o r  cons i s ten t ly  comparing experimental r e su l t s .  In par t i cu la r ,  
t he  transformation introduced with equations @lo) and (B11) allows an 
empirical incompressible sk in  f r i c t i o n  law t o  be used i n  place of the  
(nonexistent) exact flow solutions.  A s  s t a ted  i n  the  sect ion "Transformation 
of t he  momentum in t eg ra l  equation," the  transfarmation used i s  based on 
the  work of Mager, reference 27. A discussion of t he  reasoning behind 
the  transformation i t s e l f  is  given i n  h i s  paper. The present method departs 
from the suggestions of &ger,  however, i n  the  evaluation of the  various 
boundary layer  parameters. M r .  Hanks was guided i n  the  evaluations by the  
values of the  corresponding laminar parameters, an approach which was 
suggested by the  very successful  r e s u l t s  of the  f i r s t  such attempt, wherein 
t he  laminar values of p p, were used without modification f o r  turbulent 
flow. The r e su l t i ng  predict ions  were i n  excellent  agreement with recently 
obtained f r e e  f l i g h t  da ta ,  some of which (notably, t h a t  from the X-15 
program) were not i n  agreement with any of t he  well known methods, 

The author was a l s o  guided by the  requirements of a design pro jec t ,  
and so  was constrained t o  make conservative approximations where approxi- 
mations were required. Thus, the  e f f e c t s  of streamwise and transverse 
pressure gradients  on t h e  turbulent boundary layer  p ro f i l e s  were included i n  
t he  calculat ions ,  even though it was known tha t  the  e f f e c t s  were small and 
could only be crudely estimated. The avai lable  evidence indicated t ha t  
such e f f e c t s  would increase heat t r ans fe r ,  so t ha t  neglecting them would 
be unconservat ive . 

Incompressible flow f r i c t i o n  law.- In order t o  determine % and m a 
formula f o r  skin f r i c t i o n  i n  incompressible turbulent flow is  required. 
After a survey of proposed incompressible f r i c t i o n  fomulas  a minor modifica- 
t i on  of the  Schultz-Grunow (ref.  39) equation was selected: 

The modification t h a t  was made i s  the  addit ion of the  constant (3000) t o  
the  Reynolds number t h a t  appears i n  the  denominator. This modification was 
made because the  authors f e l t  tha t  the high values of Cf predicted by the  
unmodified equation a t  Reynolds number below lo4  were not r e a l i s t i c  i n  
view of the  well supported prediction of s t a b i l i t y  theory t h a t  the  incom- 
press ible  laminar boundary layer  i s  s tab le  a t  Reynolds l e s s  than about 
60,000. 



The modified and unmodified expressions a r e  shown i n  f i g u r e  70, 
t e g e t h e r  with some o t h e r  proposed methods. As shown, t h e r e  i s  l i t t l e  
d i f f e r e n c e  between t h e  va r ious  methods, except t h a t  t h e  B las ius  equation 
f a l l s  law a t  high va lues  of Reynolds number. Equation @44)was o r i g i n a l l y  
s e l e c t e d  because of i ts  s l i g h t  conservatism, although any o the r  expression 
could have been used. 

The form of equat ion  (B44) does not  lead i t s e l f  t o  c a l c u l a t i o n s  i n  
t h e  framework of equation (B23) due t o  t h e  v a r i a t i o n  of m with  Reynolds 
number. However, comparisons have been made t h a t  show t h a t  m=4 i s  an 
adequate approximation f o r  evaluat ing  geometric e f f e c t s .  For example, i f  m 
i s  evaluated a t  p a r t i c u l a r  va lues  of Reynolds number using equation (3344) 
t h e  fol lowing comparisons a r e  obtained:  

m = 
1 

NRE h 
d (In C f) cone hc 1 inder  

1 + 
d (Ln NRe) hf l a t  p l a t e  hc 1 indert m=4 

Thus t h e  e f f e c t  of v a r i a t i o n s  i n  m i s  seen t o  be small. Accordingly, 
m=4.0 has been s e l e c t e d  f o r  the  c a l c u l a t i o n  of geometric e f f e c t s  (e .g. ,  
hcone/hflat p la t e )  used here in .  However, f o r  a c t u a l  c a l c u l a t i o n s  of Cf 
equat ion  (344) was used a s  the re  can be considerable e r r o r  i n  m = constant  
approximations f o r  absolute  values of Cf . An example of such a f r i c t i o n  
law is the  Blas ius  method, f o r  which m = 4. As shown i n  f i g u r e  70 the  
S l a s i u s  equation f a l l s  wel l  below the  o the r  methods a t  high Reynolds 
numbers. 

Density-Viscosity product;  Reynolds Analogy Factor .-  A s  a lready noted 
the  reference  dens i ty -v i scos i ty  product f o r  tu rbu len t  flow i s  taken t o  be 
the  laminar value.  This bas ic  i d e n t i t y  was suggested by the  f a c t  t h a t  p r p r  
appears only i n  connection with the  laminar shear  terms of the  turbulent  
boundary l aye r  equations.* It is  a l s o  assumed the  e f f e c t s  of Prandt l  
number and L e w i s  number on turbulent  f l a t  p l a t e  hea t  t r a n s f e r  a r e  a l s o  
i d e n t i c a l  t o  t h e  laminar values.  The use of t h e  laminar flow Prandt l  
number e f f e c t  i s  common p r a c t i c e .  'I%e use of the  laminar flow Lewis number 
e f f e c t  i s  thought t o  be a conservative upper l i m i t .  

*See, f o r  example, equation 13 i n  reference  27. 



Reference stagnation viscosity.-  Since the reference stagnation vis-  
coei ty  lo does not appear i n  the  laminar equations, no information regar- 
d i n g  i ts evaluation can be obtained by examiniqg the laminar solutions.  
The reference stagnation viscosi ty  i s  assumed by Bdager ( re f .  27) t o  be 
the  v i scos i ty  evaluated a t  stagnation conditions. For r e a l  gases with 
the v i scos i ty  dependent on the  pressure it seems more r e a l i s t i c  t o  consider 
t he  loca l  flow composition ra ther  than the composition corresponding t o  
stagnation conditions. Accordingly P o  is calculated with the Sutherland 
law and Nr using the  value of spec i f ic  heat corresponding t o  p ,  p, 
The r e su l t  is : 

Pressure gradient effects . -  A s  i n  the  laminar case ,  pressure gradient 
e f f e c t s  appear primarily i n  the  equivalent distance,  which (for  m = 4) is  
given by: 

It i s  assumed tha t  there  e x i s t s  an analog t o  the laminar correla t ion 
(equation B43) of the form : 

I t  i s  t o  be expected t h a t :  



which expresses t h e  w e l l  known f a c t  t h a t  pressure  gradient  e f f e c t s  on 
tu rbu len t  heat  t r a n s f e r  a r e  much smaller  than those  i n  laniinar flow. After  
an examination of a v a i l a b l e  experimental d a t a  t h e  value  

w a s  se lec ted .  By analogy t o  (B35) it is assumed t h a t :  

where r and Ps a r e  t h e  previously described laminar values. The small 
exponent a i s  assumed equal  t o  t h e  laminar value (eq. B42 ) although 
i t s  ul t imate  e f f e c t  on t h e  predic ted  heating r a t e  is  only about 0.3% f o r  
ps = 1.0. 

Simi lar ly ,  the  behavior of E i n  turbulent  flow can be described only 
q u a l i t a t i v e l y ,  and most published analyses neglect  i ts  e f f e c t ,  However, 
i t s  e f f e c t  i s  t o  inc rease  heat ing r a t e s ,  and was the re fo re  included i n  
t h e  present  method. A s  i n  t h e  streamwise pressure  gradient  case ,  the  
values  ac tua l ly  used were based on modifications of t h e  corresponding, 
laminar cor re la t ions ,  Unlike t h e  streamwise parameter JL however, El,  
i s  s t rongly  influenced by Mach number, a s  evidenced i n  equations (B38) 
and @40) ,  s o  t h a t  a dual  modificat ion is  indicated .  

Considering f i r s t  t h e  case f o r  zero Mach number f low, i t  i s  seen 
from t h e  d e f i n i t i o n s  of (37) t h a t  the  upper l i m i t  on E i s  ti*/@ unless 
the  t ransverse  ve loc i ty  component v wi th in  the  boundary layer  exceeds 
t h e  ex te rna l  value. Laminar so lu t ions  ( r e f ,  31) show t h a t  these  ve loc i ty  
overshoots do not occur f o r  cold  wal l  zero Mach number flow, hence a 
cor rec t ion  f a c t o r  of t h e  fol lowing form i s  suggested: 

The p rec i se  value of the constant  C i n  t h i s  expression cannot be calcu- 
l a t e d ,  of course. For t h e  previously mentioned upper l i m i t  c ase ,  C of 
course i s  equal t o  -1; however, i n  the  i n t e r e s t s  of conservatism, a value 
of C = + l  was se lec ted  t o  represent  a n  upper l i m i t .  Considtent with 
equations (l348) and (B4S1, then: 



In equations (Bs1) EL, 018 ju s t  E evaluated f o r  Mach number equal t o  zero. f. For Mach number zero equation @ 0 )  reduces t o  

1 
= - (i,, SL + b) i m , c , ~  2 

since 

i (is - i,, sL) = 0 

a t  zero Mach number. 

The e f f e c t  of Mach number on ETwas determined from observation of 
empirical trends i n  turbulent yawed cylinder stagnation l i n e  heat t rans fe r  
da ta ,  a s  

An equivalent form t h a t  i s  more convenient f o r  computer appl icat ions  has 
been used f o r  a l l  calculat ions  i n  t h i s  repor t :  

X eq, T, 0 

where, i n  general 



It is e a s i l y  demonstrated t h a t  f o r  i n f i n i t e  yawed cy l inder  s tagnat ion 
l i n e  f low,  @53) is  exac t ly  equivalent  t o  0352). For o the r  types of flow 
0362) and @53) a r e  not exac t ly  equivalent .  However, s ince  (BS2) is 
based on yawed cyl inder  d a t a ,  0352) and (1353) a r e  equal ly  va l id  assumptions, 
and 0353) has been found t o  be more convenient. In any case ,  t h e  f i n a l  
e f f e c t  on t h e  predicted heat ing r a t e  is small. 

COMB INED LAMINAR-TURBULENT lDTH0.D 

A comparison of the  equivalent  d is tance  expressions f o r  laminar and 
tu rbu len t  boundary l a y e r s  shows t h a t  i n  general  t h e  two values a r e  not 
equa l ,  s o  t h a t  the  Reynolds number based on the  equivalent  d is tance  
depend on the  boundary l a y e r  s t a t e .  This inconsistency can be avoided by 
employing t h e  following d e f i n i t i o n  of a reference Reynolds number: 

where 

When %e,r and FX a r e  used i n  equation (B25) t h e r e  r e s u l t s  

H = 
A Fx P o  A_=-- kNRe,r  ) ( 'f ,rj  (B5 6) 

iaw - 2 F ~ r  X e q , L , ~  

e f 
where C f , r  is  the  f r i c t i o n  c o e f f i c i e n t  evaluated f o r  t h e  reference  
Reynolds number. The formulas used i n  t h e  present  r epor t  a r e :  

, 6 6 4  
C f , r , ~  = 1 /2 (B5 7) 

[ N ~ e , r  1 

and 

.370 
' f , r , ~  = 

+ 3000)l 
2 .584  

[loglo ( N ~ e ,  r 



Note tha t  i n  equation (BE61 onlyCfSr depends on the  boundary layer  s t a t e .  

It Is e a s i l y  shown t h a t  the  laminar form of (I3591 reduces iden t ica l ly  
t o  any of the spec ia l  cases previously given. For example, considering 
only the various equivalent distance terms, and employing the general 
power law f o m  f o r  Cf,r corresponding t o  equation 0325) , there r e s u l t s  

For laminar flow, m = 1 ,  and a l l  terms except ( X eq, L)- 1'2disappear a s  
desired. For turbulent flow, on the  other hand, 0359) together with the 
def in i t ions  of Fx given i n  (355), becomes: 

The term i n  the brackets d i f f e r s  from the previous def in i t ion  of x eq,T 
given i n  0 5 3 )  only by the f ac to r  

a r i s ing  from the use of a nominal value of m T  = 4 i n  the def ini t ion of Fx. 
For a l l  cases of p rac t ica l  i n t e r e s t ,  t h i s  term w i l l  have a negligible 
e f f ec t  on heat t r ans fe r  - on the order of one percent or  less .  

Use of a skin f r i c t i o n  law of the form of (958) i n  the heat t ransfer  
equation (B56) has the e f f ec t  of automatically introducing the loca l  value 
of m i n  @GO) ,  so tha t  the proper compressibility e f f e c t  on E i s  
obtained. T 



SIJ?IWWJ OF IYEETHOD AM) SAMPLE CALCUL.4TIONS 

This sec t ion  summarizes the calculat ion procedure f o r  t he  
mthod. Table B1 lists spec i f ic  values of the  various pa rme te r s  f o r  
several  spec i a l  cases. Since the calculat ion depends on the  functions 
P e p e  9 rand p p hich e x i s t  only as the  fa i red  curves of f igures  66, 
67, &fif 68 numer $ !  ca  values a r e  given i n  Tables  B 2 ,  B 3  and B4 from which the 
reader can construct the  necessary plots .  Also given i n  Tables B2,  B 3  
and B4 are  simple curve f i t  expressions tha t  are  shown t o  agree closely 
with t h e  values from the  f a i r ed  curves. The curve-fit expressions were 
not discovered u n t i l  a f t e r  the bulk of the  analysis  w a s  complete, however, 
and were not used f o r  any of the  comparisons presented i n  t h i s  report .  

It i s  assumed i n  the f o l l m i n g  discussion t h a t  the  following quanti- 
t i e s  a r e  known: 

P e p  Ue, i s ,  ie, iw 

Ts', T,, T,, Me, P,, C(S' = f (is, P,) 

P e ,  Pw, PS' = f (is, Pel 
The basic equations are  independent of un i t s ,  so  t h a t  any consistent 

set of u n i t s  desired caa be used. 

where 

The basic equations t o  be solved f o r  each case i n  general form a re  







If only laminar flow is required (e. g. , s tag point) : 

The general procedure f o r  a given case is a s  follows: 

a. Examine xeq equations t o  reduce them t o  minimum f o m  consistent 
with the given problem. For example, the  f l a t  p l a t e  values of pe, Ue and P e 
a r e  a l l  independent of x and J = 1, so t ha t  xw = x i n  a l l  cases. 

b. Find pr pr using f igures  66 and 67 or  Tables B2 and B3. Recently 
the  f ollarring expressions have been found f o r  ( P e  p,)ef and Pr pr : 

A s  may be seen from the values tabulated i n  Tables B2 and B 3 ,  
eq. (B78) and (B79) agree with t h e  curves of Figures 66 and 67 t o  within 
about 3%, corresponding t o  a 2 t o  3 percent e r ro r  i n  the predicted heating 
r a t e ,  and so a r e  considered adequate fo r  most purposes. 

c. Find 

and equation (B45) 



(Note thpt  Po is  required only f o r  turbulent flow calculations.)  
Any gas proper t ies  may be used i n  these calculations.  In the 
present report  the  gas proper t ies  of reference 41 were used. 

d. Determine the  streamline divergence parameters r and f .  For 
a rb i t r a ry  bodies a t  angle of a t tack  these parameters a re  often 
not known, although t h e i r  product A may be estimated from 
the  pressure d i s t r i bu t ion  or  o i l  flaw pat terns  such a s  f igure  40. 
The values of r and f f o r  several  special  cases a re  given i n  
Table B1. 

e. Find f i s  I f  required. Note t h a t  the  general case,  exact 
evaluation of f i s  requires  an i t e r a t i v e  solut ion,  since 

and the  term i n  brackets i s  in i t s e l f  a function of p s  . In pract ice  
however, a f i n i t e  dif ference integrat ion along the streamline i s  performed 
f o r  the bracket parameter 

[JL -1 = ,- - 1 1 f 1  CL f 2zL J~ (B8 1) 

end the local  value of p s  a t  x = nAx can be evaluated with suf f ic ien t  
accuracy (if the s tep  s i z e  i s  small) by 



f .  Find 
B40). A discus 
denotes evalua t 

c,, Cc, and C, using equations 0337, E38, B39 ,  and 
sed i n  connection with equation (B50), the  subscript  0 
ion f o r  zero Mach number. 

g. Find I' from C using f igure  68 or Table B3. Recently, the 
following expression was found: 

The e r r o r  i n  heating resu l t ing  from the use of (I3831 ra ther  than f igure  68 
i e  l e s s  than 1% f o r  f l  < lo .  

h. Evaluate J, E, xeq and Fx, and N 
b , r  

from t h e  def in i t ions  given 
e a r l i e r  i n  t h i s  section. 

i. Find i~),  ,, i ~ ,  e/ie and $ from ie , Pe 

j. The heat t r ans fe r  coeff ic ient  H can now be calculated from 
equations (B61) through (B63). Specific values of the various boundary 
layer  parameters a re  given i n  Table B l .  



Simplif ied equations f o r  normalizing heat  t r a n s f e r  data.-  The heat  
t r a n s f e r  d a t a  presented i n  t h i s  r epor t  have been normalized wi th  t h e o r e t i c a l  
Stanton numbers ca lcu la ted  from information presented i n  Appendix B. ?he 
reference  Stanton number c o e f f i c i e n t s  used f o r  normalization of laminar 
and tu rbu len t  da ta  were respec t ive ly :  the  hemisphere s tagnat ion point  
va lue  (ho) and t h e  value s tagnat ion l i n e  of a 60' swept i n f i n i t e  cyl inder  
(href). Some of t h e  leading edge d a t a  were a l s o  normalized with t h e o r e t i c a l  
s t agna t ion  l i n e  values. 

Calcula t ions  f o r  the  reference  Stanton numbers have been cor re la ted  
and t h e  fol lowing s impl i f i ed  r e l a t i o n s  developed ( fo r  wind tunnel  condi t ion) :  

Laminar - %misphere Stagnation Point 

Turbulent - 60' Swept I n f i n i t e  Cylinder Stagnation Line 

These expressions a r e  accura te  wi th in  + 3.5% of t h e  P r  p ,  theory 
values  i n  the  following environmental range. 

m 5 t o  22 
T m  60 t o  120 OR 

P , 1 0 ' ~  t o  10-I Atmospheres 

The above equations do not apply t o  the  AD 485M-1 AVCO t e s t s .  
::owever, href f o r  f i g u r e  55 i s  .53 !3tu/ft2 sec  OR. 

I n f i n i t e  cyl inder  s tagnat ion l i n e  heat  t r a n s f e r  c o e f f i c i e n t s  can be 
obtained from equations (R84) o r  (I3851 and f i g u r e  71, m e  e f f e c t i v e  sweep 
angles can be computed with equation 6. 



1. Flat Plate (0) 

2. Stag Line of Un- 
yawed Cyl (1) 

3. Hemispherical 
Stag Pt (1/2) 

4. Stag Line of Inf 
Yawed Cyl (0) 

5. Unyawed Cone (0) 

Not applicable - laminar flow only. 

Table B1. - Streamline divergence parameters for several  
special cases. 



TABLE B2 

TABULATION OF VALUES OF P ,  gr 

b 

(Pe Cle )eff 
Pw Pw 

.15 

.20 

.25 

.30 

.35 

.40 

. 5  

w a l l .  case. 

.h 

P r  pr 
P w  pw 

From fig. 66 

.226 

.290 

.354 
,414 
.485 
.532 
.641 

From eq. (B79) 

.226 
,296 
.362 
.426 
.486 
.544 
.650 



TAB= B3 

TABULATION O F  VALUES O F  (pe  

TABLE B4 

TABULATION OF VALUES OF r 



APPENDIX C 

DELTA WING FLOW FIELD CALCULATIONS 

Calcula t ions  of t h i s  repor t  include p red ic t ions  of three-dimensional 
flow e f f e c t s  on d e l t a  wing cen te r l ines .  The f low f i e l d  parameters required 
f o r  those  c a l c u l a t i o n s  a r e  the  l o c a l  v e l o c i t y ,  p ressu re ,  and streamline 
divergence r a t e .  The p red ic t ions  used i n  t h i s  r epor t  a r e  based on numerical 
s o l u t i o n s  by t h e  method of Kennet ( ref .  18) and wedge theory. The method of 
reference  18 i s  v a l i d  only a t  high angles of a t t a c k  such t h a t  t h e  shock wave 
is detached from t h e  leading edges, while wedge theory i s  appl icable  only a t  
low angles  of a t t a c k .  There is an in termedia te  range where ne i the r  method 
app l i e s .  This appendix p resen t s  t h e  r e s u l t s  of t h e  two ca lcu la t ions  and 
desc r ibes  t h e  method of normalizing those  r e s u l t s  s o  t h a t  the  flow behavior 
i n  t h e  in termedia te  range can be est imated.  

High Angle of Attack 

F i r s t  def ine  t h e  fol lowing physica l  terms r e l a t i n g  t o  t h e  boundary l aye r  
edge f low d i r e c t i o n  on a d e l t a  wing l i f t i n g  surface:  

Sonic Line 

M n  

Stream 

LE 



For a wing with sharp leading edges t h e  component of surface  flow 
normal t o  the  leading edge has t h e  value of t h e  l o c a l  speed of sound: 

UR and Un a r e  t h e  r a d i a l  and normal components of t o t a l  inv i sc id  
surface  veloci ty .  The streamline angle a t  the  leading edge i s  then 

and with the  s u b s t i t u t i o n  of equation (Cl) and f o r  a pe r fec t  gas ,  



and q* becomes 

Analysis of computer r e s u l t s  from the  l i f t i n g  d e l t a  wing theory of Kennet 
reference  18 has shown t h a t  we l l  approximated by the  t o t a l  
v e l o c i t y  r a t i o  u2/um which is  obcained from t h e  shock angle a t  the  wing 
c e n t e r l i n e  i n  the  fol lowing manner: 

The shock deattachment angle tS a t  the  wing c e n t e r l i n e  can be cor re la ted  
by t h e  r e l a t i o n  

tan a .566 8 ,  - c Y = ~ ~ = ~ o -  

p2 

f o r  high angles of a t t a c k ,  



Low Angle of Attack 

A t  very low angles  of a t t a c k  two-dimensional theory may be applied 
i n  t h e  v i c i n i t y  of t h e  leading edge of a  sharp d e l t a  wing provided t h a t  
t h e  normal flow is supersonic both i n  t h e  f r e e  stream and on t h e  w i n g  
surface.  From equations (3) and ( 6 )  of t h i s  report  it  is  seen t h a t  the 
free stream Mach number and angle of a t t a c k  i n  the  p lane  normal t o  the  
leading edge a r e  given by: 

M, = Ma sin an 

The r e s u l t s  of t h e  normal flow wedge ca lcu la t ion  a re  then combined with 
t h e  flow component ~ a r a l l e l  t o  t h e  leading edge to  obta in  t h e  d e l t a  wing 
values.  Since the  wedge flow so lu t ions  a r e  va l id  only near the  leading 
edge, the  streamline angle d i s t r i b u t i o n  i s  assumed t o  exh ib i t  a s inusoidal  
va r ia t ion .  The s inuso ida l  d i s t r i b u t i o n  i s  chosen because it matches the 
s t reamline  angle a t  t h e  c e n t e r l i n e  and leading edge, and t h e  gradient  a t  
t h e  cen te r l ine .  

Corre la t ion  of Results 

The disccssinn under  kigh Angle of A t t ~ c ! ~  suggests the  use of @ *  
and 5 a s  parameters f o r  noz-msllzing t h e  ~:;::Lts of the  a5o'c.e ca lcula t ions .  
However, t h e  a:)ove ~"quation71 ( C 3 )  + ( C ? j  a n d  (C5) predic t  two physica l ly  
impossible condit ions a t  zero angle of a t t ack ,  m e y  are :  

In  equation (C5), Ss-- 0 a s  CX - 0 

* 
and i n  equation (C3), q3 - t o  a f i n i t e  pos i t ive  value a s  



These inconsistencies are avoided i f  equations (C3) through (C6) 
are modified as follows: 

Replace equation (C6) by 

and i n  equation (C4) replace 

This results in a change of equation (CS) to  a correlation parameter now 
defined as :  



The cor re la t ion  was found t o  be most successful when angles a re  
n o m l i z e d  by both g ** and the wing apex angle @ 90 - I\, . 
The r e s u l t s  of the exact ss lutfons are  presented i n  f igure  70 i n  terms 
of the  normalized r a t e  of change of streamline angle with respect t o  (b : 

A s  s*, the  wedge theory calculat ions  a r e  well normalized i n  terms 
of N e  but are  l imited t o  ( b * * / ~  l e s s  than about one-half. **!he 
de l t a  wing r e su l t s  a re  seen t o  converge t o  a single curve a t  (b /@ 
s l i gh t ly  above 1.0. The range between the  two solutions i s  represented 
by the indicated f a i r i ng .  The actual  values of de/dc used i n  t h i s  report 
a r e  given i n  f igures  71 and 72. The der ivat ive (1 / A ) ( d A /  dx ) 
required f o r  the  boundary layer  calculat ion i s  re la ted t o  by 



WLE I: NOMINAL WIND !PUNNEL FLOW CONDDIONS 

AD485M-1 AVCO 4" Varies fmn 
shock ~tu/lb ~ u n  to ~ u n  

~ ~ 6 4 2 ~ - 1  

Tube 

CAL 48" 
Shock 
Tunne 1 

6 
l5 

0.06 
15.7 

700 
3 9  

moo 
5950 

520 0 t o 5 0  
W b .  
Lam. ' 

Varies from 
Run to Fim 



TABLE 11: WIND TUNNEL MODELS 





SLAB WING 
I 

G e ~ e t r i c  stagnetion - line 
I ?  

RAMP ANGLE WING 

Section A-A 
Section A-A (~ual-radius) 

Top 

Note: X/D distances 
on dual-radius model 

0 X'/D = 1.64 are referenced to 
diameter 2R2. 

(a) Delta wing models 

Figure 2.- Model geometry. 



Contoured sneu snowlng test surface attachment holes Typical pressure tube installation 

Typical thermocouple installation Instrumented shell and support structure 

(b) Electrof ormed model construction 

Figure 2. - Continued. 



Blunt ~late model 

Yawed cylinder model 

(c )  ~ ~ 4 8 5 ~ - 1  models 

Figure 2.- Continued 



Herais~here cylinder model 
\ 

Swept hemicylinder leading edge model 

Span extensions for 

(d )  ~D642~-1 models 

Figure 2.- Concluded 







'St/'St, theory 
f h i m d  no 
distribut 
lines 

0 Uncorrected data reduced 0.87 
seconds after tert start (earliest 
avalLable data). 

0 D a t a  corrected by T-F method 
(see ~ppendix A) 

I 
Note: Data no greater than 20 degree. 

Amp flaw stagnation point. 
I 

Percent of data below the ordinate value 

Figure 5. - Heat transfer data accuracy, spherical nose. AD46p-1; 
M, = 8.08; 8 ,  = 50.5 x lo4. 



1.0 

'StlflSt, theory Faired normal 
distribution 

cted data m e a d  1 second after 
art (earliest available data) 

1 5 15 30 50 70 85 90 95 
Percent of data below the ordinete value 

Figure 6. - Heat transfer data accuracy, laminnr stagnation line. ~~47p4-1; 
M, = 8.08; a= lo0; A=  no; +- oO; 

'st, dNst, theory = 4.76. 





R . ~ P  
type t / D  W/D AVD Prow apf ,deg  Mo, N ~ e , ~  Test 

,033 .268 1.33 Sharp 73 .O 6.08 145 x lo4 ~ ~ 4 6 1 ~ - 1  
.I10 1.33 B l m t  70.35 7.04 77.2 x lo4 ~ ~ 4 6 l M - 1  

.022 1 . l l O  1.33 Blunt 70.35 7.04 77.2 x lo4 ~ ~ 4 6 1 ~ - 1  

P .011 .167 1.28 Blunt 78 .0 6.10 ~8 x lo4 fiD483~-1 
A .011 .167 1.28 si-t 68.0 6 . 0  128 x l o  ~ ~ 4 8 3 ~ - 1  

I 
T r i p  i s  sand attached w i t h  glue 

1 5 

1 

.8 Faired curves are 
based on t r i p  height /' A A 

.6 

.4 
.2 -4  .6 .8 1 2 4 x 10 

5 

* ~ e ,  ref 
txt J D )  

Figure 8.- Heating on cylindrictl  l e n d i n g  edge stagnation l i n e  downstream 
of boundury layer  t r i p .  



a t / ~  M, Teat A ~ D  W/D - %e, D -- 
0 15. 28.51~10~ .06 7.0 AD~~U-1 3.00 .301 
0 3V 7 7 . 2 ~ 1 0 ~  .M2 7.0 AD461)(-1 1.35 1.110 

0 40. 34.8xl~h .06 7.0 A ~ 4 6 1 ~ - 1  3.00 ,301 

'st, theory is the  solid theory l ine  shown on figure 51. 

P: 
0 

d 
c: 

n"] > 
# 

0 

(a)  Sharp-prow; 
delta wing center l ine  

Figure 9.- Turbulent  heating downstream of boundary layer trips. 



CT 
Local * ~ e ,  D t/D M, Test 
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0 8.45' 77.2~10~ .W2 7.0 A D ~ ~ M - 1  

N ~ t ,  theory 
= Local cylinder theory based on p pr 

r 
Instrumented 

0 1 2 3 4 5 

5JD 
(b )  Sharp prow; 

cy l ind r i ca l  leading edge 

Figure 9.- Concluded. 



Section 

Prow Oi,deg 8,deg NRejD Test 

Q Sharp 10 0 26.6 x lo4 ~~47714-1 
0 Blunt 10 0 8.38 x lo4 ~ D 4 6 2 ~ - 1  
o ~ l u n t  o o 8.38 x lo4 ~ ~ 4 . 6 2 ~ - 1  

Blunt 0 30 8.38 x 10 -0462M-1 

Wedge theory (sharp prow) 

- 

I 
Hemisphere 
shoulder 

Figure 10.- Prow ef fec t  on pressures along t h e  leading edge. M a =  8.08; 
A =  73"; # =  o O .  



*fie, D X/D 
Prow Ma, Test 

0 117x10~ 4.06+6.56 ~ h ~ r p  6.08 ~ ~ 4 6 1 ~ - 1  
A 17.2 x lo4 12.25 Blunt 8.08 ~~4651~-1 
0 8.38 x lo4 12.25 Blunt 8.08 A~462M-1 

--C 

8 is measured from the true flow stagnation line 
Filled symbols indicate shoulder instruments 

Figure 11. - Preasure distribution on 8 delta King 



Newtonian cylinder theory 

2' 
Pi* 
\ 
Pi 

--- -- ---- X-20 and r e f .  1 empirical 
cyl inder d i s t r ibu t ion  

I 1.5 1 

(b) Blunt-prow, X/D = 12.25; 

30 60 

8, degrees 

Figure 12.- Cylindrical  leading edge pressure d is t r ibut ion ,  
da ta  located re l a t ive  t o  i n f i n i t e  cylinder 

stagnation l i n e  (see f igure  13). 
A = 7 3 O  ; IJJ 5 oO.. 
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40 
------ 

Sonic point 
Neytonlan theory 

Data source 

O i l  flow 

O i l  flow 

Data made equivalent 
t o  a 73' swept de l t a  
wing with M, s i n  ( alocal 

0 6 -08 O i l  flow, AD~~~EI-1  

0 10 m 30 40 
a, degrees 

Figure 13.- Lower surface e f f ec t  upon leading edge stagnation l i n e  s h i f t .  
A = 7 3 O ;  + =  o O .  



Upper surf  ace 

i 

Flow - 
Figure 14. - O i l  s l i cks  on a d e l t a  wing cyl indr ica l  leading edge, 

AD~~M-1;  M a =  6.08; A = 73"; a = 00 , 



i 

Newtonian cylinder theory ! 

- - - _ _ _ _  X-20 and ref. 1 empirical 
cylinder distribution 

- - _  Ref. 15 empirical cylinder 
distribution 

Figure 15.- Cylindrical leodirlg edge Drcssurc distribution, data located 

re ia t ive  :o r'iaw 3hgna t lon  I h e ,  

cx '-: 159 ; Lj ; 73" - = C J ~  * 



A, deg M a  Test 

73 wing 8.08 ~ ~ 4 6 2 ~ - 1  
73 wing 8.08 ~~477M-1 (av 21 pts) 
0 cyl. plate 2.2 ~ D 4 8 5 M - 1  (av 21 pts) 

b 45 cyl. p la te  2.2 ADM~M-1 
0 55,60,65 cyl. p la te  15 ~ ~ 6 4 2 ~ - 1  

i n f i n i t e  cylinder theory 

- -  ---- -- 
W 
\ 

Figure 16.- Laminar stagnation l i n e  heat t ransfer  on a cylindrical 
leading edge. 



4 
a,deg Prow N ~ e ,  D- lo Test 

8 0 Blunt 8.38, 17.2 AD462~-1 
0 5 Blunt 8.38, 17.2 AD462~-1 
0 10 Blunt 8.38, 17.2 ~ ~ 4 6 2 ~ - 1  
4 10 Sharp 26.6 A D ~ T ~ M - 1  

p r p ~  
ehoulde r 

ni te  cylinder theory 

-4-- o- -  - - -  - 
0 
0 

1 I I 1 * 

Figure 17.- Extent of blunt prow effect  on leading edge heat transfer. 
Laminar flow; M,= 8.08; h = 73"; $ = 0". 



X/D Prow N ~ e ,  D Teet a, deg 

12.25 Blunt 8.35 x lt4 AD462E.I-1 -15 t o  o 8 12.25 Blunt 17.2 x lo4 ~ ~ 4 6 2 ~ - 1  o t o  15 
0 5.34, $035 Sharp 26.6 x lo4 AD477M-1 10, 15 v 6.50 Sharp 4.9 x 10 AD465~-1 0 

.1 
o 20 40 - 60 80 100 

0, degrees 

F i l led  aymbols indicate  
ehoulder instruments. 

cylinder theory 

Figure 18.- Laminar heat t ransfer  d i s t r i bu t i sn  on a delta wing 
cyl indr ica l  leading edge. M, = 8 ;  A =  73' ; 4 = 0'. 



Test * R ~ , D  4 
0 - 1  35 lo4 
a , d ~ ~ 4 6 % - 1  9.32,12.25 8.38 x 104 

v ~ ~ 4 6 % - 1  12.25 1 7 . 2 ~ 1 0  
6.50 4.91 x 10 4 

0 ~ ~ 4 6 5 M - 1  

---- Location of maximum heating 
- - - pr pr inf i n i t e  cylinder theory - Equation (8) - 

ti, degrees 

Figure 19.- Laminar heating distributions on delta wing 
cylindrical leading edges. Ma= 8.08; 

/a = 7 3 O ;  l+b = o O .  



Tu4 rln 5wL 
0 , O m m - 1  5.34,8.35 26.6 X lo4 - - - - b a a t i o n  or  miuinum heating 
cud--1 9.32,&?.25 8 . j B x ~ 0 ~ - - -  P, p in f in i t e  cylinder theory 
v --I. u . 2 ~  17.2 x  101: - ~ ~ u a t f o n  (8) 
0 AD465n-1 6.50 b.91 x  10 

Figure 19. - Concluded. 



a, Degrees 

Figure 20.- Location of line of maximum 
heat transfer on a delta wing 

leading edge. 



Figure 21.- Maximum laminar heating to a delta wing cylindrical leading edge. l4 = 8.08; 
A 73"; $ =  @ .  



Present da ta  

Other data  

'0 73 wing 6.08 
, Q  73 7.0 
I a 78 wing 6.10 
I 0 68 wing 6.10 
V 45 cyl.  p la te  2.2 
0 55,60,65 cyl. p l a t e  5.6 t o  7.9 

Test 

Unpublished 
Boeing data 

Aeff, deg 
Figure 22.- Turbulent stagnation l i n e  heat t r ans fe r  on a cyl indr ical  

leading edge. 
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Filled symbols 
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instruments 



Figure 24.- Maximum turbulent heating observed d e l t a  wing cylindrical leading edges. 
AD~~U-1;  A = 73.; = O O .  



d ,  degrees 
( a )  Distribution around the leading edge. 

Figure 25. - A ~ 4 7 7 ~ - 1  Dual-radius leading edge pressures. 



pip- 

* 3 

Note: Data are averages a t  
X/D = 4.34, 6.34, and 8.35; 
repeat runs included; a l l  
values Kithin the symbol; 
a l l  curves are faired. 

09 
-10 O 10 20 30 40 

0, degrees 
( b )  Variation wi th  angle of attack. 

Figure 25. - Continued. 
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( c )  Maxirmun pressures. X/D = 8.35. 

Figure 25.- Concluded. 

i 

0 

- 
0 

- 

- Rote: Data are averages from 
spanvlse distribution 

0 

- 

- 
0 

0 
- 0 

O O 0  

I i I I I I J 

2 



Flow s tagnat ion line, 

-10 o 10 20 40 60 
(Y, degrees 

Figure 26.- 1)ual r a d i u s  l e a d i n g  edge s tagnat ion l i n e  an sonic line 
location. AnhTp-1; M, = 8.08; A = 73'; $= 00. 



*ID % e , ~  
Flow 

4 
5.34 26.6 x lo4 Laminar 

QP'S.35 26.6 x lo,+ Laminar 
0 8.35 42.8 x 10  Turbulent 

- - --Experimental s tagnat i  
l i n e  locat ion 

-- - - -1nf i n i t e  cylinder 
stagnation l i n e  

locat ion 

Pr pr i n f i n i t e  cylinder 
theory based on: 

--- - - - 

-90 -45 0 3 0 60 90 
0 ,  degrees 

F i w e  27.- Heat t r a n s f e r  d is t r ibut ions  on a duel-radius leading edge. 
~ ~ 4 7 7 ~ - 1 ;  M, = 3.08; A = 73"; \k = 0" .  



Figure 28.- Dual-radius leading edge stagnation 
s t r e d i n e s .  A~477~-1 ;  f4,= 8,08; 

A =  7 3 O ;  $ =  o O .  



a ddd urn - 7*0$ N ~ ~ ,  = 94-5 x 10 4 

a A  a U a 0 M- = 6-08; N*., 4 = 43-1 x 10. 

Eq* ( 9 )  ----- Ref- 19, H, = 6 
7-- Eq* (11)+ Ref. 19 

X/D 

(a) C e n t e r l i n e  ;>ressures a t  Yach 5 an4 7 

Figure 29.- Sharp-prow delta wing pressure measurements. ~~46lM-1 



Flagged aymbols-centerline data 

Unf lagged symbols-3* ray 11 ne data 

Eq* ( 9 )  
-- - Ref. 19 
. - . _  Eq. (11) + Ref. 19 

, I 1  
I 

.OM I I I I 1 1 1 I I 
o 2 4 6 8 10 12 

X/D 
(b) -r surface preesiues. .4~477M-1; M, = 8.08; NRe,D = 26.2 ; 10' 

Figure 29.- Concluded. 



~~477M-1 Shadowgraph data 

Angle of Attack - a 
Figure 30.- Comparison of measured and predicted delta 

wing shock wave anglea, & 8.08, A= 730. 



+t-+-, Newtonian 
--- Cone 
. . -  Wedge 

Eq. ( 9 )  

X/D M, - 
0 2.71 8.08 

Angle of Attack - cx - degrees 

Figure 31.- Comparison of theories with sharp prow delta 
wing pressures &k Mach 6, 7, and 8. 



n. %,,D - 
Flagged synbols 6.08 117 x 10 4 

-- 

A-A 

( a )  Cylindrical leading edge 

Figure 32.- Spanwise pressure distributions on sharp-prow 
delta wings. ~ ~ 4 6 1 ~ 3 - 1  models. 
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N / I )  

(b) Sharp-prow w i t ) ,  dubl- rddiua  l e a d i n g  edge. iiD47m-1; M,= 6.W; 

A =  73";+= 0'; N ~ ~ , ~  = 26.6 x 10 4 
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Figure 33.- Yaw e f f e c t  on lower surfhce pressures on a sharp-prow 



Eq. ( 9 )  
n- a =  35.4" 

C 
.4 A- a =  25.'j0 

(a) ~~46lM-1; M,= 6.08 

1 2 3 4 5 6 
X/D 

(b) ~~461.M-1; M,= 1.0 

Figure 34.- Lower ~ u r f ~ c e  pressures on t h e  
c e n t e r l i n e  of blunt-prow d e l t a  

wings. 



--- Ref. 19 VVieoous interaction 

-, - Eq. (12) lose bluntneee 

--.-- Eq. (11) Leading edge bluntnerr 

__-_- tq. (13) Overall affect 

Figure 34. - Concluded. 





N/D 
(a) A D ~ ~ I M - 1 ;  M, = 6.08; N ~ ~ , ~  - 117 x lo4 

Figure 36. - Lower surface preesuree on a blunt-prow 
delta wing. 



N/D 
(b) ~~46lM-1; Ml= 7; 14Re,D = 94.5 x 10 

4 

Figure 36. - ContFnued. 



(c )  Blunt prow with cylindrical leuding edge. 

~ n 4 6 2 ~ - 1 ;  M, = 8.08; NRe,,, = 8.34 x lo 4 . 
Figure 36. - Conaluded . 



N/D 
Figure 37.- Lower surface pressures on a blunt-prow d e l t a  wing for 5 O  of yaw. 

nD462M-1; M, = 0.08; NR,, = 8.34 x lo4 ; X/D 6.34 



Figure 38.- Effect of a 40 ramp angle on center l ine  pressure data 

for a blunt-prow wing . A D ~ ~ M - 1 ;  M, = 7.0; A =  73' 



M, 
odi f i ed  Newtonian sphere d 2.0 Wind tunnel  ~ ~ 4 6 1 ~ - 1  
heory, M a =  3.0 2.2 Shock tube A D ~ ~ ~ M - I  

01 2.5 Wind tunnel  ~ ~ 4 6 1 ~ - 1  
0 3.0 Wind tunnel  ~ ~ 4 6 1 ~ - 1  

--- 

C~ 

Flgure 39.- Comparison of rea l  and i d e a l  gas pressures a t  low 
much numbers on a blunt-prow d e l t a  wing. 



Figure 40. - !Pypical direct-transf es oil-flaw streamline data. 





(b) Blunt-prow model W2; tk 30' ; A = 73'; MI= 7.0; l(Re,D = 94.5 r 10 4 

Figure 41.- Continued. 



0,  degrees 

20 40 60 80 100 
$ semi span 

(c)  Blunt-prow model W2; 0 = 45' ; A = 73' ; 

M m 4  7.0; N R ~ , ~  94.5 X 10 4 

Figure 41. - Concluded. 
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(a) Sharp-prow delta vlng model WgA; turbulent flow; a = 42.; Ma= 6.08; 

73'; NRe,D = 145 x lo4 

Figure 42.- Streamline measurements f'romoiL flow patterns on delta wings. 
~ ~ 4 6 1 ~ - 1  
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(e) cr = 30'' 
E'igure 42. - C o n t i n u e d .  



---Sharp wlng theory 
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~ ~ 4 6 u - i  
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model W2 
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A = 73' 
= 94.5 X 10 4 %,,D 

( g )  a = 404 

Figure 42.- Concluded 
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(a)  Streamline anglee from the  blunt-prow d e l t a  King model W 

4 2' 
7.0; l jAe,D ' 94.5 x 1 0  

'22 
M, N ~ e , ~  

8 
0 Blunt-prow model W2 7.0 94.5 x 10' 

x,& /D A S h f i ~ - ~ m w  model WgA 6.08 145 x 10 4 

4 

0 

@, degree8 

( b )  a r e q u i r e d  f o r  r n d l s l  f l o w ,  #I = 0" 

Figure 43.- Men~ured streamline angle a t  t h e  leading edge shoulder. 
Au461.~-1; A- 73" 



, , ,, , Blunt-prow W2 7.0 94.5 x 10 

All curves are faired 

-1.72 -1.2 

X$D 

Figure 44.- Comparison of s t r eaml ine  angles on b l u n t  and sharp-prow 
d e l t a  wings. ~~46l.M-1; a = 200; A= 730 



Model No. M KRc - ? 

0 A D U ~ M - ~  8.04 4.91 x 10 4 

0 AD477~-1 8.08 26.6 x l o4  
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4 (b) CY = 25. 

.4 

3 

2 .2 

PI '. 
+, 

tc" 

.1 

Figure 45.- Laminar heating on the  lower surface of a sharp-prow 
d e l t a  wing, 



Dl2 Model No. M, h, 
I - 1 0 a0465M-1 8.04 h.gixl0 4 

A-A T 0 AD477M-1 8 -08 26.6 x lo4 

3- dim. theory 

2- dim. thror* 

Figure 45. - Concluded . 
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I/E 
(b) a -  20. 

Leading edge Pr pr 
crossflow theory 

(C, - o* 
----- (C, - lo* 

R/D 
( c )  tr = 25" 

Fiaure 46,- Effect of yaw on sharp-prow del.ta wing heating 
in laminar flow AD477M-1; M, = 8.08; NRe,D - - 

26.6 104. 



Tpf~- 
A-A 

Leading edge p, pr 

oroeaflow theory 

(f) U - 40. 
Figure 46.- Concluded. 



( a )  (3 = oO 

/-- 
Sharp prow 
3-dim. theory 

Blunt  prow 
2-dim. theory 

Figure 47.- Ltlminar heat ing data  on the  lower surface c e n t e r l i n e  of a b lunt-  

prow d e l t a  wing. AD 462M-1; H,= 8.08; NRe,D = 8.38 r lo4 



Figure 47.- Continued 



X/D 
( f )  (X = 25' 

F i g u r e  47. - Concluded. 



Test P- X/D x lo4 (R/D)~ 
arp 5.34 26.6 1.85 
arp 8.35 26.6 2973 

M~M-1 8 h h  6.50 4.91 2 el9 
.A~462M-l Blunt 7.85 8.38 2.59 
~ ~ 4 6 2 ~ - 1  Blunt 9.32 8.38 3 . a  
~ .0462~-1 ~l iunt  12.28 8.38 3.88 

Leading edge pr pr crosaflow theory 

Figure 48,- Comparison of laminar heating data on the  lower surface 
of blunt  and sharp prow d e l t a  wings. M, = 8; A =  7 3 O  ; 

$b = o O .  
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~ ~ 4 6 m - 1  ~ l u n t  7.85 8.38 2 *59 - 
~ ~ 4 6 2 ~ - 1  Blunt 9.32 8-38 3 -02 
m462~-1  ~ l u n t  12 -28 8.38 3 A8 
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- 

-a:- I 

.4 " 1 A-A 

F i p r e  48. - Concluder]. 



A-A 

Leading edge crossflow theory 

Figure 49. - Cmwrleon of a n d a s a d  and leeasad ride heating 
data on a yawed blunt-prow delta win in ladgar t flow. M, = 8.08; B R e , ~  = 8.38 x 10 . 



N/D * 

(b) a = lo0 

Figure 49.- Continued. 



Figure 49. - Concluded. 
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X/D 

(b) ff a 10' 

Figure 50. - C son of centerline heating data on a 
- p m  delta w h g  in l w m r  flow. 

4 ~ ~ S 6 i 3 4 - 1 ;  M,= 6.08; RRe,D = C.30 x 10 . 
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X/D 
( d )  a = 20. 

Eri 50.- Concluded, 



Boundary layer 

Section A-A 

t r i p  
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Figure 51.- Turbulent heat ing  dc-J;:, on t h e  eenter l lne- ;  of :harp-prow 
d e l t a  wings. AD~~M-1; M, = 7.04; A = 73" . 
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Figure 51.- Concluded. 
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(a) n = 15' 

Figure 52.- Lower surface hea t ing  an a sharp-Prow d e l t a  wing in 
t u rbu len t  flow. AD461hl-1; M, = 7.0; NRe, D= 28.5 x lo4  
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Figure 52.  - Concluded, 
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( 5 )  q = -lo0 
Figure 53.- Effect  of yaw on turbulent  heat ing  data  on 

a sharp-prow d e l t a  wing, ~ ~ 4 6 l ~ - 1 ;  M,= 7.0; 
- a= 100; = 28.5 x 10 4 N ~ e ,  D 
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~ i ~ u r k  54. - Continued . 
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Figure 54.- Continued. 
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Figure 54. - Concluded. 
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Figure 55.- Turbulent heating on a blunt- prpv delta wing in high enthalpy flw. 
m 5 M - 1 ;  M,= 2.4; i = 3865 btu/lb; P, = 203 psia; H,= 2257 btu/lbm 
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Figure 56.- E f f e q t  of r P m p  angle on a delta wing fenterline heating.  
ia45LM-i; M,= 7.0; N Re, I) = 28.5 x 10'. 
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Figure 59.- ConiZu-Lion corrections to compiler temperature hietory. Ptt 5 
%&$ 





Time from " t i m e  zero", t, seconds 

Figure 61. - Ty-pical T-F method conduction correc t ion.  ~ ~ 4 6 ~ - l ;  
A = 73"; C-U = 0 " ;  $J =oO; M,= 6.08. 
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(b) Measured heat transfer coefficient history 

Figure 52.- a.-n;ple of severe initinl conduction 
on a nickel  model, 
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Figure 65.- Ef fec t  of P rand t l  number on 
Reynolds anulogy fac to r .  





(a) Effect ive density-v1scosit;y product as function of 
boundary layer edge and stagnation enthalpy conditions. 

(h)  Reference density-viscosity pro4uct as a Function of 
effective edge values and wall conditions. M.0 

k 

Fimre 57. - Density-viscosf t y  correlations.  



Figure 68. - Pressure gradient effect correlation parameters. 



Figure 69.- Pressure-grhdient effect correlation compared with exact solutions. 



Reynolds number 

Figure 70.- Comparison of incompressible turbulent skin-friction formulas. 



heff - Degrees 

Figure 71.- I n f i n i t e  cy l inder  s tagnat ion  

l i n e  hes t  t r ans fe r .  





Figure 73.- Rate of change of inviscid streamline angle along the  
c e n t e r l i n e  of a sha rp  d e l t a  wing. t$la= 6.1 



Angle of attack - Degrees 
Figure 74.- Rate of change of inviscid streamline angle along the 

centerline of a sharp d e l t a  wing. Ma= 9.6 
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Resul ts  a r e  presented of an ana lys i s  of s l a b  d e l t a  wing pressure and heat 
t r a n s f e r  d a t a  with laminar and turbulent  boundary layers .  The d a t a  were 
obtained during t h e  X-20 (Dyna-Soar) program from a parametric s e r i e s  of 
models t e s t e d  i n  conventional wind tunnels  a t  Mach numbers of 6 ,  7 ,  and 8. 
Shock tunnel  d a t a  a t  Mach numbers of 6 and 15 and shock tube da ta  a t  a Mach 
number of 2.2 a r e  a l s o  presented. A l l  tests were i n  a i r .  Free stream 
Reynolds numbers based on leading edge diameter ranged from 1 x lo4 t o  6 x 
106. 

Also presented,  a s  an  appendix, is a t h e o r e t i c a l  laminar and turbulent  heat 
t r a n s f e r  p r e d i c t i ~ n  method based on c o r r e l a t i o n s  of exact s i m i l a r i t y  
solut ions .  


